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FOREWORD
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direction of Mr. R. P. Johannes (FDCS) during the period June 1966 through
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Boeing Engineering Manager, and Mr. M. A. Bender, Honeywell Project
Manager. Mr. R. L. McDougal, Lockheed-Georgia Company, Marietta, Georgia,
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dEORGE gYINGL N
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ABSTRACT

The Load Alleviation and Mode Stabilization (LAMS) program was con-
ducted to demonstrate the capabilities of an advanced flight control
system (FCS) to alleviate gust loads and control structural modes on a
large flexible aircraft using existing aerodynamic control surfaces as
force producers.

The analysis, design, and flight demonstration of the flight control
system was directed toward three discrete flight conditions contained in
v hypothetical mission profile of the B-52E test aircraft. The FCS was
d"eigned to alleviate structural loads whie flying through atmospheric
turbrulence.

The LAMS-FCS was produced as hardware and installed on the test
vehicle, B-52E AF56-632. Test vehicle modifications included the addition
of hydraulically powered controls, a fly-by-wire (FBW) pilot station,
associated electronics and analog computers at the test engineer's
stations, instrumentation for system evaluation, and the LAMS flight
controller.

Flight demonstration of the LAMS-FCS was conducted to provide a com-
parison of analytical and experimental data. The results obtained showed
that the LAMS-FCS provided significant reduction in fatigue damage rates.

In addition, a LAMS C-5A study was included in the program. This
portion of the program was to analytically demonstrate that the technology
developed for the B-52 could be applied to another aircraft. The C-5A
study was conducted for one flight condition in the C-5A mission profile.
Significant reductions in fatigue damage rates and fuselage accelerations
were predicted by the LAMS C-SA analyses.

This abstract is subject to special export controls and each trans-
mittal to foreign governments or foreign nationals may be made only with
prior approval of the Air Force Flight Dynamics laboratory (FDCS),
Wright-Patterson Air Force Base, Ohio 45433.
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1.0 INTRODUCTION

This report presents the results of the ground t-teing accomplished
prior to flight and the flight demonstration program conducted to evaluate
the IAMS Flight Control System (FCS). Test results are compared with the
performance predicted by theoretical analyses reported in Reference 4.

1.1 Background

The LAE test vehicle NB-52E AF 56-632 includes all structural
modifications through ECP 1128 which provides strength increases to the aft
fuselage and vertical tail. To accomplish the LAM program, the test vehi-
cle was modified to include high response control surface hydraulic actuators

for the elevators, rudder, ailerons, and LAW spoilers (panels 1, 2, 13,
and 14). In addition, new servo valves were installed to permit spoiler
segments 3 through 12 to accept fly-by-wire electrical inputs. The pilot
station was modified to a fly-by-wire (evaluation pilot) station. The co-
pilot (monitor pilot) station retains the mechanical linkage connections
to all control surface actuators. Rate gyros located throughout the air-
craft provide control system sensing. The rate gyro signals are conditioned
using the on-board analog computers for the Baseline SAS and the IAVS flight
computer. Control system signals proceed to the control surface servos from
either the Baseline SAS or TLANS-FCS. The computers and associated electron-
ics are installed at the bombardier-navigator station. The test vehicle
also includes the instrumentation required to provide quantitative data for
system performance evaluation. Additional details of the test vehicle
installations are presented in Reference

The Baseline SAS and LAMS-FCS were designed for the following
three flight conditions:

(1) Flight Condition 1 (FC-1): 350,000 pound gross weight; 350 KIAS;
4o00 feet altitude.

(2) Flight Condition 2 (FC-2): 350,000 pound gross weight; 240 KIAS;
4000 feet altitude.

(3) Flight Condition 3 (FC-3): 270,000 pound gross weight; .T Mach;
32,700 feet altitude.

1.2 Parpose

The purpose of the ground and flight demonstration phase of the
LAM program was to produce experimental data for comparison with analyti-
cally predicted performance; thus demonstrating the system and validating
the analytical techniques used in system design.



1.3 Objectives

Ground test objectives were:

" Ground vibration test (GVT) of the manual (i.e., monitor pilot) control
system

* Determination of control surface actuator dyrnmic response charanteris-
tics

* Evaluation of the hydraulic power system

* hnaluation of the fly-by-wire control system characteristics

" Evaluation of the Baseline SAS and LANS-FCS characteristics

Flight demonstration objectives were:

* Checkout of the basic aircraft with powered controls

0 Stability demonstration of aircraft and control system

* Determination of aerodynamic control surface authority and effectivity
and evaluation of handling qualities for the Baseline SAS and LAMS-FCS

* Ealuation of the Baseline SAS and LANS-FCS dynamic response characteris- Y
tics

* Demonstration of the LAMS system during flight through turbulence

1.4 Report Contents

0 Section 2.0 summarizes the document

0 Section 3.0 describes the aircraft modification and test system
configurations

* Section 4.0 discusses and compares the performance of the test systems

during flight with the analytically predicted performance
4 Section 5.0 describes hardware performance as compared with specification

or design requirements

0 Section 6.0 presents the conclusions

• Section 7.0 contains references

I S
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2.0 SUMMARY

2.1 Introduction

The flight demonstration phase of the LAWS program was conducted to
experimentally evaluate the basic aircraft with hydraulically powered con-
trols, the Baseline SAS, and the LAMS-FCS.

2.2 Aircraft Configuration and Modification

The test vehicle was a loads demonstration test aircraft and includ-
ed extensive instrumentation from that testing. LAM testing was conducted
with the 3000 gallon external tanks removed to permit airspeeds to 390 KIAS.

2.2.1 Flight Control Systems

Test vehicle control system modifications consisted of hydraulically
powered actuators on the rudder, elevators, and ailerons. The spoiler servo
valves were modified to accept electrical signals and installed to actuate
spoiler panels 3 through 12. The LAMS spoiler actuators (segments 1, 2, 13,
and 14) were modified to include integral servo valves to accept SAS signals.

The cockpit arrangement included a monitor pilot station on the R.H.
side and an evaluation or fly-by-wire pilot station on the L.H. side. The
monitor pilot controls were connected to the mechanical pushrod, bellcrank,
and cable system originally installed in the aircraft which directly command
the surface actuators. The evaluation pilot controls were disconnected from
the mechanical control system and connected to a feel system consisting of
springs. The control column also included a viscous damper. The evaluation
pilot input electrical signals were patched directly to the rudder, aileron,
and spoiler servo valves for surface displacement. A parallel servo was
used for elevator pitch comands providing displacement of the monitor pilot
column proportional to the evaluation column. A three view of the test air-
craft showing the control surface geometry and control functions is presented
in Figure 2.

2.2.2 Electronics and Instrumentation

The nucleus of the LAB-FS included electronic components such as
sensors, the LANS-FCS computer, two TR-48 computerss interface signal con-
ditioning electronics, system engage controls, and system monitoring equip-
ment. A pictorial of the installed electronic equipment is presented on
Figure 3.

Extensive instrumentation was installed in the test aircraft to
evaluate aircraft stability, handling qualities, and structural performance
with the Baseline SAS and LAM1-FCS engaged. The instrumentation consisted
of accelerometers, position indicators, rate gyro sensors, attitude gyros,
strain gages for loads measurements, and hydraulic system temperature and
pressure measurements. The detailed instrumentation requirements are con-
tained in Section 3 . 4 of this report.

4 I.
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2.2.3 Baseline SAS

The Baseline SAS provides stability Lagmentation in the three rigid
body axes. The system design accocmodates operation of each axis indepen-
dently or any combination of the threc axes. The system was mechanized on
the TR-48 computers located at the Flight Engineer's Station and is presented
in more detail in Section 3.5. Engagement of the system was accomplished
through the use of the pilot's aisle stand control panel.
2.2.4 LAMS-FCS

The LAMS-FCS was mechanized as separate electronics representative

of contemporary flight control hardware and is described in more detail in

Section 3.6. The system is a three axis Flight Controller and includes
rigid body motion control in addition to control of selected structural
modes to provide fatigue damage rate reduction due to flight through turbu-
lence. LA system engagement was accomplished through the same control
panel as the Baseline SAS. The flight control configuration was selected

by insertion of a patch board in the interconnect panel. Each system has
a unique patch board and only one controller could be engaged at any one
time.

2.3 System Performance

The flight demonstration phase of the LAM program was flown during
a four month period ending 14 May 1968. The flight test plan and the test
conduct detail is discussed in Reference 4.

2.3.1 Flutter Boundary and Dynamic Response Testing

Aeroelastic testing was required to establish the stability of the
aircraft and SAS configurations and to permit aircraft operation at the de-
sign conditions for evaluation of the flight control systems. Airframe
responses were evaluated following monitor pilot or fuction generator con-
trol transient inputs into the control surface actuators and by system
excitation from multi-cycle sinusoidal inputs at discrete frequencies and
smplitudes from the function generator at the Flight Engineer's Station.

2.3.1.1 Basic Aircraft and Baseline SAS

The aircraft aeroelastic response was evaluated for the five fuel
configurations presented in Table I which were selected from the proposed
LAMS test vehicle fuel management sequence as critical fuel configurations
based on past B-52 C-F flutter boundary testing. An altitude of 21,000 feet
was used for the test and the airframe response was evaluated from 250 to
390 KIAS. An altitude of 21,000 feet was selected since this is the altitude
at which the maximum straight and level airspeed and Mach number occur simul-
taneously and is the altitude which yields the lowest aircraft f2utter

boundaries for the B-52 aircraft.

Based on the results of this testing, the basic aircraft with
hydraulic controls with an without the Baseline SAS has a satisfactory
flutter boundary for all altitudes and airspeeds up to and including 390 KIAS
and .90 Mach number for the fuel management sequence of the LAM test vehicle.

7S
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2.3.1.2 LAMS-FCS

The LAM-FCS performance was evaluated for flight conditions 1 and
3 (FC-I and 3) after accomplishing the aircraft and system stability at the
following conditions:

FC-l flutter boundary evaluation at 10,000 feet altitude for safety from
225 to 365 KIA5 for fuel configurations 1 end 2 of Table I

* FC-3 flutter boundary evaluation at 32,700 feet altitude from 200 to
290 KIAS for fuel configurations 3 and 4 of Table I

The initial LAMS-FCS gain configuration exhibited marginal aero-
elastic damping in a symmetric 3 cps mode during fuel configuration 3.
Reduction of the LAM spoiler loop gain to 50 percent permitted completion
of testing to 290 KIAS. Following discovery of the low damped oscillation,
dynamic response testing was accomplished on the aircraft to evaluate
response to spoiler excitation. Based on the results of the dynamic response
testing and additional system analyses the longitudinal LAM-FCS hardware was
modified as presented in Reference 4.

The revised LAMS-FCS was then retested to determine aircraft and
system stability in a manner similar to that outlined for the initial system
testing. The results of this testing showed that the system had an adequate
flutter boundary as shown in Figure 4. A problem encountered during the high
speed testing of fuel configuration 4 did not result in additional modifica-
tions to the LANE-FCS since this configuration is considerably below the
design gross weight for FC-3 and outside the system design envelope.

2.3.2 Aerodynamic Testing

The aerodynamic testing included evaluating control surface author-
ity and effectiveness and pilot handling qualities of each aircraft system
configuration. The data w~s gathered at various design conditions to fulfill
test requirements.

2.3.2.1 Control Surface Authority and Effectiveness

The control surface authority and effectiveness testing was required
to provide a comparison of predicted basic aircraft and experimental data to
validate the theoretical analyses. Flight test data was obtained for the
elevator, rudder, aileron (both symmetric and antisymmetric), and spoilers
(both symmetric and antisymmetric), at 240, 300, and 350 KIAS and 10,000 feet
and at .6o, .77, and .85 Mach number and 32,700 feet. Section 4.2 presents
a typical comparlscn (FC-i) of predicted versus flight test data.

2.3o2.2 fadling qualittes

The £ M decign criteria stated that, in general, the aircraft
handling qualitiea should not be degraded by the addition of the LAMS-FCS.

S gnificant imprcvemnt in Dutch roll stability v. re,,-_-I,-cd -to
.' ,- piea,cteci struc.uaral performance, and the product of the Dutch

roll frequency t-lmcs the damping ratio was selected to be greater than

9
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.35 radians/second for flight through atmospheric turbulence. A comparison
of predicted experimental Dutch roll handling qualities is presented in
Figure 5. Dutch roll damping for the LAMS-FCS (FC-i) is slightly less than
the above requirement but is still acceptable for normal flight operation.

The short period mode was highly damped on the basic aircraft and
no significant change was noted with the addition of the Baseline SAS on
LAMS-FCS. Also, the roll response time constant for all aircraft configura-
tions was less than the required two seconds, and the spiral mode stability
time constant was greater than the required twenty seconds.

2.3.3 Structural Response to Turbulence

The aircraft structural performance was evaluated during flight
through atmospheric turbulence. Flight Condition 1 (low altitude and high
speed) was the condition evaluated during the test to increase probability
or turbulence encounter. The performance parameters evaluated were: fatigue
damage rates, maximum expected stresses, and rms accelerations.

The gusts encountered during the two test flights selected for data
reduction varied from 3.6 to 4.5 feet/second for the vertical component and
from 3.0 to 3.8 feet/second for the lateral component.

A fictitious coherency loss at the Dutch roll peak for the basic
aircraft is explained in some detail in Section 4.3.6. This coherency loss
is due to the Dutch roll half-power bandwidth for the Basic Aircraft being
equal to approximately .025 cps as defiied from the handling qualities tests
whereas the data reduction resolution used in the turbulence test data
handling is .040 cps. This results in the computer coherency of the Dutch
roll peak to lateral gusts to be approximately 60 percent of true value.
All other responses were adequately defined. The performance of the Baseline
SAS and LAMS-FCS in lateral turbulence across the total frequency spectrum
evaluated was similar to that predicted. Also, the performance of the basic
aircraft, the Baseline SAS, and LAMS-FCS in vertical turbulence was in good
agreement to that predicted.

The structural performance is presented using the Baseline SAS as
the reference since most present day large flexible aircraft have a yaw
damper as a minimum stability augmentation system. The results of the test
program with comparisons of the theoretical results are presented in
Tables II, III, IV, and in Section 4.3. The inboard wing stress comparisons
are good as noted in Tables II and III. Some benefit not predicted by the
analyses was achieved by the LAMS-FCS along the fuselage and vertical tail.
Increases noted in stabilizer damage rates are very small; fatigue damage
rates for the Baseline SAS are approximately 1 percent of that experienced
on the wing.

The fuselage accelerations as shown in Table IV show good agreement
with the predicted results.
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TABLE I

KVLATIVE PEAK INCEMETAL STRESSES

(EXCEEDANCE IM 001/HoUR)

STRESS LAMS FCS/BASEINE SAS

LOCATION TOFWICAL TEST**

W.S. 222 s-6 .79 .85

W.S. 820 S-5 .76 .81

W.S. 974 S-5 .84 .94

B.S. 805 U.L.* .87

B.S. 1028 U.L.* .97 -

B.S. 1222 U.L. 1.04 .97
B.S. 1412 U.L. 1.03 .97

S.B.L. 56 SPAR 1.10 1.13

F.S. 135 SPAR 1.02 1.00

Analysis Stations Only - Not Instrumented

I A & No values used in the calculations were

the average of values from tests 5415 and 5418.

W.S. 222 97

1.s, to///
P.S 122 F.S.15
B. S. 11l
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FMT FATIGUE DAMGE &M~S

W. S. 22 s-6.58.6

W.S. 820 S-5.55.5

.80 .95

B.S. 1222 TU.L. 1.15 .75

B. S. 1412 UJ.L. 1.11 .73

S.B.L. 56 SPAR 1.86 2.60

F.S. 135 SPAR i.0o6 .95

*Analysis Stations Only -Not Instumented

4*A & No values used in the calculations were the
average of values from tests 5415 and 5418.

W.S. 974

W.S. 820

B.S. 805
B.S. 1028/

BS. 1222

14
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TABLE IV

RELATIVE RM5 ACCELIlTIONS

(Flight Conditioni)

IACCELEROMETER LAMS PUS/BASELINE SAS
LOCATION TIIEOBETIC.AL TESM"

B. S. 172 Vertical .91, .98

B. S. 860 Vertical 1.01 1.02

B. S. 1655 Vertical 1.00 10

B. S. 172 Lateral .91 .93

B. S. 860 Lateral 1.05 .99

B. S. 1655 Lateral 1.05 .96

*Values tabulated are the average from tests 5415 and 5418.

B.S. 60 B.. 16
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2.4 Hardware Performance

The test vehicle and LAMS-FCS hardware performance was evaluated
during ground tests prior to initiating the f _ight phase of the LAMS program.
In general, the ground test r sults presented in Section 5.0 indicate that
the hardware performed as theoretically predicted. Major areas of disagree-
ment were the actuator frequency response characteristics of the aileron,
r-dder, and LAMS spoilers above 4 cps. The LAMS-FCS controlled structural
modes up to 4 cps and the agreement in frequency response out to that fre-
quency was Adequate to attain the predicted structural performance.

The ground tests conducted prior to flight provided a high degree
of confidence in the theoretical analyses and a good base on which to pro-
ceed into the flight phase of the program. It should be noted that after
final hardware was installed in the LAMS test vehicle, all systems functioned
with a minimum amount of maintenance throughout the flight demonstration
program.

i,1

I



3.0 AIRCRAFT CONFIGURATICO AND MGIFICATIOt

This section discusses the monitor and evaluation pilot control
system modification as well as the electronic flight control equipment pro-
vided at the flight engineers station. In addition the Baseline SAS, LANO-
FCS, and the instrumentation required for system evaluation are described.

3.1 Monitor Pilot Control System

The monitor pilot's controls; the wheel, column and rudder pedals,
are connected to the control cables as originally installed. With the LAW
modification, instead of driving tabs on the control surfaces, the cables
provide mechanical input to hydraulic actuators which drive the control sur-
faces. The modified aircraft control system schematic is presented in
Figure 6. The control wheel provides mechanical inputs to actuators which
move the aileron and spoiler (the five inboard panels, 3-7 aad 8-12, on
each wing) surfaces antisymnetrically. The control column and rudder pedals
provide mechanical inputs for elevator and rudder surface displacements
respectively. In the roll and yaw axis the wheel and rudder pedal mechani-
cal commands from the monitor pilot and the electrical comands frcm the
evaluation pilot are summued in the actuator providing the monitor pilot the
ability to override the evaluation pilot inputs. In the pitch axis any
column input by the monitor pilot will disengage the fly-by-wire mode. This
mechanization provides the monitor pilot full control in all three axes.

The monitor pilot has full authority in each axis with surface
deflections as follows:

Aileron ± 17 degrees

Spoiler - 0 degrees

Rudder ± 19 degrees

Elevator ± 19 degrees

3.2 Evaluation Pilot Control System

The evaluation pilot control column, wheel and rudder pedals are
disconnected from the original aircraft system control cables and connected
to springs and dampers which provide the feel system as presented in Fig-
ure 6. Position potentiometers indicate electrically the position of the
pilot's controls. These electrical signals are routed through the inter-
patch panel to the analog computer where the gains can be adjusted as
required. The control wheel signal then goes to the aileron and fly-by-
wire (FBW) spoiler actuators which drive the control surfaces. The rudder
pedal signal commands the rudder actuator driving the rudder surface. The
control column signal is routed to the pitch parallel servo which mechani-
cally drives the aft fuselage elevator torque tube and linkages to the
elevator actuator to move the elevator surfaces. Since the aft fuselage
elevator torque tube is driven by the pitch parallel servo the monitor
pilot's column follows the evaluation pilot's column. The evaluation pilot
has full authority in each axis tbe same as the monitor pilot.

S'17
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The evaluation (fly-by-wire/ pilot system and SAS control modes are
engaged through a switch panel located betmeen the pilots on the aisle stand.
The control modes which can be selected are pitch FBW, pitch SAS, roll FBW,
roll SAS, Yaw FBW, and Yaw SAS. Each may be .selected independently of the
other with the exception of the roll FBW which cannot be selected unless
pitch FBW has already been selected. The engage switch is used to engage
the control system after appropriate modes have been selected.

3.3 Flight Engineers Station

The interface electronics, safety monitoring and data monitoring
equipment is located at the flight engineers station. See Figure 3 for the
location of this equipment.

The interface electi-inics provide the nucleus of the electrical
flight control system. All control signals pass through the interface elec-
tronics and signals are distributed, filtered and gain adjusted as required.
An interpatch panel which is part of the interface electronics receives all
flight control input and output signals. This panel provides a removable
patch board containing 408 connections to a mating base panel. Since all
signals pass through the interpatch bpse panel into the removable board and
back out the base panel, any desired routing of signals may be wired on the
removable board. Several interpatch boards are available to the flight
engineer making it possible to select system configuration by changing inter-
patch boards.

Several signals are monitored in the safety monitor and interlock
system. These signals are power supplies, accelerations at critical loca-
tions and input command signals to the control surface auxiliary actuators.
The interlock system provides disengagement of the control system if a
failure occurs or if the signal levels exceed c pre-set value. Each signal
monitored has a warning light which indicates to the flight engineer the
cause of system disengagement.

The two general purpose analog computers are slaved together and
provide the linear and non-linear computer functions needed. The computer
components are used for filtering and gain adjusting the signals ftr the
Baseline SAS. The fly-by-wire signals are also gain adjusted on the analog
computer and if the Baseline SAS and fly-by-wire are both engaged, the sig-
nals are sumed on the computer. The computer digital voltmeter furnishes
a means of signal monitoring.

Another method of signal monitoring is provided by the six channel
oscillograph. A switch makes it possible to select 73 different combina-
tions of signals or the flight engineer can program on the interpatch board
any combination of signals he needs. The two channel oscilloscope is avail-
able and can be used to check the proper operation of the rate gyro motors
and to monitor any signal available at the interpatch panel.

The flight engineer is provided instruments indicating aileron
surface position, fly-by-wire spoiler surface position, and aft fuselage
interface electronics rack teuperature.
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A function generator capable of generating sine, ramp, triangular,
and square waves was installed for ground and inflight checkout and for
inflight testing. The flight engineer can select the frequency and number
of cycles (2, 1, 2, 3, 4, or free run operation) as well as the type func-
tion. The function generator output is routed through the analog computer
to monitor and gain adjust the signal and directed to the appropriate con-
trol surface by the flight engineer,

3.4 Instrumentation

Narrow Band FM (RE M) recording systems were used to record data to
evaluate performance and handling qualities, to flutter clear the test flight
envelope and to check system stability. Many of these signals are generated
by sansors which are used in conjunction with the control systems on the
LAM aircraft. These signals are available at the interpatch panel and are
routed from it to the recorders. A list of these signals is given in
Table II and the sensor or pick-up locations are shown in Figure 7. Addi-
tional sensors were installed to make possible recording of all pertinent
signals for system evaluation on the NBFM recording systems. These signals
are not available at the interpatch panel but are routed directly to the
tape recorder. These sensor signals are listed in Table II and locations
are shown in Figures 7 and 8.

3.5 Longitudinal Axis

The primary function of the Baseline pitch SAS is to augment short
period mode damping. The system employs pitch rate feedback to control the
powered elevator. The signal is derived from a rate gyro located at Body
Station 820, near the aircraft c.g. (see Figure 9). Electronic filters
shape the feedback signal to increase short period damping and to obtain
desired handling qualities without significantly disturbing or controlling
structural modes. Figure 10 shows a block diagram of the Baseline Pitch
SAS.

3.5.2 Lateral-Directional Axis

The Baseline Roll SAS improves roll response of the aircraft to the
pilot's wheel command without decreasing steady-state roll rate capability
of the aircraft by more than 10 percent. Feedback decreases the roll time
constant by sensing roll rate with a rate gyro located at Body Station 820,
approximately at the c.g. (see Figure 9) and feeding it back to drive the
aileron surface antisymmetri-cally. Since this signal is subtracted from
the pilots input, the evaluation pilot's wheel to aileron gain was increased
over the unaugmented aircraft gain to retain similar steady state roll rate
to wheel gain with the roll SAS engaged. Feedback loop electronic filters
and a forward loop notch filter at 12 radians per second ensure system
stability and desirable handling qualities.

The Baseline Yaw SAS augments Dutch roll damping with a yaw rate
signal to the rudder, utilizing a rate gyro located at Body Station 616,
forward of the c.g. (see Figure 9). The feedback signal is shaped to damp
the Dutch roll mode without changing structural mode damping. Added Dutch
roll damping obtains desirable handling qualities. A block diagram of the
Baseline yaw and roll SAS design is presented in Figure l.
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TABLE V
INSTRUMENTATION (AVAILABLE AT INTERPATCH PANEL)

INDEX NO. MEASUREMENT

(Figure 7)
Accelerations

5 Lateral Acceleration - BS 1655
6 Lateral Acceleration - FS 354
8 Longitudinal Acceleration - Left WS 1359 and LWS 924
10 Vertical Acceleration - Left WS 1359 and LWS 924

12 Vertical Acceleration - BS 172, 860 and 1655
13 Vertical Acceleration - LSS 425

Attitudes and Rates

14 Angle of Pitch -A/P C.G., BS 860
14 Angle of Roll -A/P C.G., BS 860
16 Rate of Pitch - BS 566, 860, and 1377
17 Rate of Roll - Left and Right WS 900
18 Rate of Roll - BS 805, 860, and 1655
19 Rate of Yaw - BS 425, 695, 860, 1028, and 1377

Aileron and Spoiler Requirements
21 Control Wheel Position - Evaluation Pilot
22 Aileron Position - Left and Right
23 Aileron Auxiliary Actuator Position - Left and Right
23 Aileron Actuator Mechanical Input - Left and Right
24 Aileron Computer Comuand - Left and Right
25 Aileron Trim Command
26 Spoiler Position - Segments 3, 6, 9 and 12
27 Spoiler Auxiliary Actuator Position - Segments 3, 6, 9, and 12
28 Spoiler Computer Comand - Segments 1 through 14
29 Spoiler Actuator Ram Position - Segments 1, 2, 13 and 14

Elevator and Stabilizer Requirements

31 Control Column Position - Evaluation Pilot
32 Elevator Position - Left and Right (Bearing No. 4)
33 Elevator Auxiliary Actuator Positions 1 and 2 - Left and Right
33 Elevator Actuator Main Metering Valve Position - Left and Right
34 Elevator Servo No. 1 Computer Command - Left and Right
35 Pitch Parallel Servo Position
36 Pitch Parallel Servo Electric Input
37 Stabilizer Position - Hinge Line

Rudder Requirements

39 Rudder Pedal Position - Evaluation Pilot
40 Rudder Position - Bearing No. 4
41 Rudder Auxiliary Actuator Positions I and 2
41 Rudder Actuator Main Metering Valve Position
42 Rudder Servo No. 1 Ccmgputer Conmand

Miscellaneous

55 Copilot Override Signal
57 LAM Engage Signal
57 Transient Generator Signal
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TABLE VI

INSTRUMENTATION (NOT AVAILABLE AT INTERPATCH PANEL)

I1DEX NO. MEASUREMENT

(Figure 7)
Body Loads

1 Lateral Moment - BS 1222 and 1412
2 Vertical Moment - BS 475, 1222, and 1412
3 Left and Right Upper Longeron Axial Stress - BS 475, 710 and 1033
4 Left and Right Lower Longeron Axial Stress - (Lower Member)

BS 475 and 710
Fin Loads

5 Lateral Moment - FS 135 and 311
5 Shear - FS 135 and 311
5 Torsion - FS 135 and 311

Stabilizer Loads
6 Rear Spar Shear Stress - Left and Right BL 18
7 Vertical Moment - Left and Right BL 56 and LSS 238
7 Shear - Left and Right BL 56 and LSS 238
7 Torsion - Left and Right BL 56 and SS 238

Wing Loads
8 Chordwise Moment - Left and Right WS 222, 820, and 974
8 Vertical Moment Left and Right WS 222, 820, and 974

(Figure 8)
Gust Velocity

1 Angle of Pitch - Boom Base

1 Angle of Roll - Boom Base
1 Longitudinal Acceleration - Boom Base
2 Angle of Yaw - Probe
2 Angle of Attack Differential Pressure - Probe (Coarse and Fine)
2 Impact Pressure - Probe (Lateral and Vertical Static Reference)
2 Lateral Acceleration - Probe
2 Rate of Pitch - Probe
2 Rate of Roll - Probe
2 Rate of Yaw - Probe
2 Sideslip Differential Pressure - Probe (Coarse and Fine)
2 Static Pressure - Probe (Lateral and Vertical Ports)
2 Vertical Acceleration - Probe

Accelerations

3 Angular Acceleration - Left and Right WS 1359 and LWS 54o
4 Angular Acceleration - ISS 425
5 Lateral Acceleration - BS 172, 860, 1237
7 Lateral Acceleration - Nacelles No. 1 and 2
8 Longitudinal Acceleration - Left and Right WS 540 and LWS 924
9 Longitudinal Acceleration - BS 860

10 Vertical Acceleration - Right WS 1359 and LWS 924
11 Vertical Acceleration - Nacelles No. 1 and 2
12 Vertical Acceleration - BS 860 and 1237
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TABLE VI (Cont'd)

INDEX NO. MUREMENT

Aileron and Spoiler Requirements

20 Control Wheel Force - Monitor Pilot
20 Control Wheel Position - Monitor Pilot
23 Aileron Actuator Force - Left and Right
23 Aileron Actuator Mechanical Input - Left and Right
27 Spoiler Actuator Force - Segments 3, 6, 9 and 12
27 Spoiler Actuator Mechanical Input - Segments 3, 6, 9 and 12

Elevator end Stabilizer Requirements
30 Control Column Force - Monitor Pilot
30 Control Column Position - Monitor Pilot
33 Elevator Actuator Force - Left and Right
33 Elevator Actuator Mechanical Input - Left and Right
37 Stabilizer Position - Jackscrew

Rudder Requirements
38 Rudder Pedal Force - Monitor Pilot
38 Rudder Pedal Position - Monitor Pilot41 Rudder Actuator Force

41 Rudder Actuator Mechanical Input
43 Rudder Trim Position

Hydraulic Pressures and Temperatures
44 Hydraulic Pump Output Pressure - Engines 1, 3 and 4
44 Hydraulic Oil Temperature in Pump Bypass Line (Return) -

Engines 1, 3, and 4
L 45 Left Outbaord Spoiler System Hydraulic Oil Temperatures

At Reservoir Inlet (Return Line)
' 'it6 Spoiler System Electric Motor Pump Output Pressure

Left Inboard and Outboard
47 Spoiler System Control Valve Input and Return Pressure -

Left Inboard and Outboard
48 Left Aileron Actuator Inmit and Output Pressure
49 Left Body System Electric Motor Pump Output Pressure
49 Left Body System Hydraulic Oil Temperature in Electric

Motor Pump Bypass Line (Return)
50 Elevator and Rudder Forward Hydraulic Pump Output Pressure
50 Elevator and Rudder System Hydraulic Oil Temperature In

Forward Electric Motor Pump Bypass Line (Return)
Hydraulic Systems Electric Power Requirements

51 Spoiler Hydraulic System Electric Motor Pump Power Input -
Left Inboard and Outboard

52 Left Body Hydraulic System Electric Motor Pump Power Input
53 Elevator and Rudder Forward Hydraulic System Electric Motor

Ptmip Power Input
Miscellaneous

15 Sideslip Differential Pressure - Aircraft System - BS 100
56 Indicated Outside Air Temperature
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3. 6 LA-FCS

The LAMS-FCS is a three axis flight control system. For test pur-
poses, each axis can operate independently or in combination with other
axes, similar to the Baseline SAS.

3.6.1 LAM Longitudinal FCS

The LANS Longitudinal FCS block diagram is shown in Figure 12.
Feedback signals are derived from four rate gyros; one located in the for-
ward fuselage, one in the aft fuselage, and one in each wing. The Longi-
tudinal axis rate gyro locations are shown in Figure 13. These sensor
signals are blended to produce three signals which are approximations of
rigid body pitch rate, elastic mode one rate, and elastic mode six rate.
Pseudo integration of the structural mode signals gives approximate mode
displacement signals. The rate and displacement signals are then gain
adjusted as a function of flight condition and shaped with electronic fil-
ters. The filters are primarily for stability compensation and the preven-
tion of dc null offsets. System gains for each flight ecadition are
tabulated in the Table on Figure 12. The system operates the elevators,
ailerons and outboard spoiler panels (segments 1, 2, 13, and 14) on each
wing syimetrically to provide control of the short period and the 1st and

6th symmetric structural modes. The spoiler panels operate in a 15 degree
biased position to provide displacement in either direction. Desirable
handling qualities are obtained by adding a column to elevator feedforward
signal path parallel to the existing fly-by-wire path.

3.6.2 LAMS Lateral-Directional FCS

Figure 14 is a block diagram of the LAM Lateral-Directional FCS.
There are two roll rate gyros and four yaw rate gyros mounted in the fuse-
lage which are utilized to obtain the control signals. The Lateral-
Directional FCS rate gyro locations are shown in Figure 13. The signal from
the yaw rate gyro located at Body Station 695 is used to increase the damp-
ing of the Dutch roll mode using the rudder, T-ho signal was filtered zo
maintain the required stability margipzs of the structural modes. The other
five rate gyros were used to meet handling quality requirements and to
increasc Wntisy ebric structural mode 9 damping using the ailerons anti-
symmetrically. These signals were also filtered to maintain the required
stability margins. Handling quality requirements necessitated adding an
evaluation pilot wheel to aileron feedforward signal path parallel to the
existing path. The gains changed with flight condition for both the roll
and yaw axis and are given in the Table shown on Figure 14.
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LAMS 'LONGITUDINAL AXIS

NOTE: GYRO AXIS tWDICATES AXIS OF
SENSED ANGULAR RATE. THIS
AXIS IS NOT THE GYRO SPIN AXIS.

LAMS LATERAL - DIRECTIONAL

NOTE: GYRO AXIS INDICATES AXIS OFSEIED ANGULAR RATE. THIS

AXIS 1 NOT THE GYRO SPIN AXIS.

LAMS-FCS RATE GYRO LOCATIONS

.T M UM, 13
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4.0 SYSTEM PERFORMANCE

This section contains the results of the flight demonstration
phase of the LAW program. The detailed test plan and testing accomplished
axe presented in Reference 5.

4.1 Flutter Boundary and Dynamic Response Testing

The flutter boundary and dynamic response testing was conducted
for the following:

0 The basic aircraft with hydraulic controls

* Baseline SAS

0 The initial LAMS-FCS

0 The revised LAMS-FCS with different phasing for the I-AM spoilers than
the initial LAMS-FCS.

4.1.1 Basic Aircrdft and Baseline SAS

The basic aircraft with hydraulic controls and the Baseline SAS
configurations were required to be flutter free over the entire aircraft
mission profile. Five fuel configurations presented in Table I were
selected from the proposed fuel management sequence as significant test
configurations based on past B-52 C-F aircraft testing. Testing was
accomplished at 21,000 feet altitude (the altitude which yields the lowest
flutter boundaries for the critical modes of the B-52 aircraft).

The aircraft response was obtained through manual control transient
inputs to the column, wheel, and rudder pedals. The aeroelastic damping and
frequency was evaluated from telemetered signals displayed in tie ground
station for approximately 10 airspeed points from 250 to 390 KIAS.

The test results indicated that the basic aircraft with hydraulic
controls and Baseline SAS has a satisfactory flutter boundary for all alti-
tudes and airspeeds up to and including 390 KIAS and .90 Mach number for the
fuel management sequence of the IAHS test vehicle.

4.1.2 Initial LAM-FCS

The LHS-FCS structural performance was evaluated at Flight Con-
ditions 1 and 3 (FC-1 and FC-3) as outlined in Section 1.0. Aeroelastic
testing of the LAMS-FCS was required to assure aircraft and system stability

as follows:

FC-I was flutter tested at 10,000 feet altitude from 225 to 365 KIAS for
fuel configurations 1 and 2 of Table I.

* FC-3 was tested at 32,700 feet altitude from 200 to 290 KIAS for fuel
configurations 3 and 4 of Table I.
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The aircraft aeroelastic response with the LAMS-FCS engaged was
evaluated following manual control surface transients initiated by the

evaluation pilot through the column, wheel,' and rudder pedal controls.

In addition, the flight test engineer initiated half cycle electrical con-
trol transients into the elevators, ailerons, and rudder at a frequency of
approximately 4.5 cps from the function generator. The upper frequency
limit of the controlled aircraft elastic modes is 4.0 cps and this vibration
frequency is not adequately excited by the manual control inputs.

Initial flights with the LAMB spoilers at a fixed bias of 150
resulted in an erratic 25 cps oscillation at the wing tip. Investigation
and analysis indicated that the oscillation was caused by the shedding vor-
tices from the biased spoilers which excited a 25 cps wing tip torsion mode.
The amplitude of the vibration was less than .025 inches double amplitude
and would not result in structural damage. Therefore, the aircraft was
cleared to fly with biased spoilers and the LAMS-FCS on.

The initial aeroelastic tests of the LAMS-FCS encountered marginal
stability for a 3cps symmetric body and wing bending mode while fuel con-
figuration 3 was being evaluated. The problem occurred at 270 KIAS and
required a 50 percent reduction in spoiler gain before testing could be
completed to 290 KIAS. In addition, the first wing bending mode at 1 cps
was degraded by the LAMS-FCS as shown in Figure 15.

To evaluate the problems noted above, dynamic response testing was
accomplished using the function generator to excite the LAKS spoilers at
various amplitudes and frequencies from 1 to 4 cps. The airframe response
data resulting from the spoiler testing helped to define a phasing problem
in the LAM-FCS spoilei loop. With this information, additional analyses
were conducted as described in Reference 4 . The LAMS-FCS hardware was
revised, based on the analytical results, to provide 25 degrees of lead for
the first structural mode and 20 degrees of lead for the sixth structural
mode in addition to that in the initial LAMS-FCS.

4.1.3 Revised LAMS-FCS

The revised LAMS-FCS required flutter testing at the design condi-
tions. Retesting consisted of the same testing outlined in paragraph 4.1.2.
The test results showed that the aircraft had an adequate flutter boundary
for fuel configurations 1 and 2 (FC-1) and fuel configuration 3 (FC-3). Also,
dynamic response testing was accomplished to evaluate the revised LAMS-FCS
performance. A typical response is shown for the first wing bending mode,
Figure 16, and ccrroborates the analyses frequency and damping required to
provide the predicted structural performance.

It should be noted that the revised LAMS-FCS stability was inade-
quate for fuel configuration 4 at 280 KIAS, However, the LAMS system was
not further modified because fuel configuration 4 is considerably below the
design condition gross weight, and based on the dynamic response test re-
sulbs noted above, the LAM system was functioning correctly at the design
flight conditions.
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Based on the resiults of the testing it is concluded that the re-
vised LAMS-FCS has an adequate flutter boundary for the altitude, airspeeds,
and gross weights presented in Figure 4.
4.2 Aerodynamic Evaluation

4.2.1 Handling Qualities Flight Test Results

The effect of the Baseline SAS and the LAMY'-FCS on the aircraft
handling qualities was evaluated by obtaining time history response data
for the short period, Dutch roll, roll subsidence, and spiral modes. This
section discusses this data and compares it to predicted analytical results
where possible. sp

4.2.1.1 Dutch Roll

Dutch roll frequency and damping valuet were obtained by exciting
the aircraft with a three cycle sine wave rudder input from the function
generator. Data was obtained for the basic aircraft, the Baseline SAS, and
the LAM flight control system. Flight test data is compared to the pre-
dicted values on the Dutch roll criterion plot in Figure 5.

Satisfactory Dutch roll handling qualities were obtained with the
Baseline SAS. Test results exceed the design requirement. The flight test
Dutch roll damping ratio with LAMB was lower than analytical results by
approximately .075 for both flight conditions tested. However, the Dutch
roll frequency agreed well with the predicted value. It is noted that al-
though the LAMS flight control system exceeded the handling qualities
requirements for normal operation, it did not meet the turbulence boundary
criterion for Flight Condition 1 and was only marginal for Flight Condi-
tion 3.

4.2.1.2 Short Period

Short period response data was obtained in a manner similar to the
Dutch roll data in that a sine wave elevator input was used to excite the
aircraft. An attempt was made to obtain values for the short period fre-
quency and damping from free aircraft flight test response data. Such
methods as the maximum slope and others based on second order response were
tried. However, the short period damping was very high with higher order
effects present in the response, and reasonable values could not be obtain-.
ed. The actual pitch rate responses are shown on Figures 17 through 19.
The amplitude and frequency of the forced and unforced i'esponse for both the
Baseline SAS and the LAMS-FCS did not change appreciably, and basic aircraft
short period handling qualities were not degraded.

4.2.1.3 Roll Response

The roll axis handling qualities were specified such that the roll
time constant should be less than two seconds. The table on page 56,
presents the roll time constant data obtained from flight test as compared
to predicted values for all three aircraft configurations, i.e., basic air-,
craft, Baselire SAS, and the LAM flight control system. Agreement is good
for all test conditions and all time constants are well within the specified
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two seconds. Flight test data was not obtained for Flight Condition 2 with
the LAW flight control system operating.

BASIC BASELINE LAMS FLIGHT
AIRPLANE SAS CONTROL SYSTEM

FLIGHT FLIGHT FLIGHT FLIGHT
CONDITION ANALYSIS TEST ANALYSIS TEST ANALYSIS TEST

1 1.05 1.0 1.07 .99 1.16 1.13

2 1.05 .99 1.05 .92 1.70 -

3 1.05 1.22 1.33 1.06 1.50 1.34

4.2.1.4 Spiral Mode Stability

The design requirement for the spiral mode stability was that, in
the cruise configuration, the roll amplitude .shall not double in less than20 seconds. Spiral mode testing indicated that the aircraft was well within

the requirement in that it exhibited essentially neutral stability.

4.2.2 Control Surface Effectiveness Results

To evaluate the effectiveness of the control surfaces on the LAM
aircraft, control effectiveness data was obtained during the flight test.
1his section discusses this data and compares it to predicted analytical
results. Data for Flight Condition 1 is shown as typical; however, similar
and additional data can be found in Reference 6.

4.2.2.1 Symmetrical Spoiler Effectiveness

Longitudinal effectiveness data for the LAMS-FCS spoilers was ob-
tained by trimming the pitching moment produced by symmetrical spoiler
deflection with elevator. Flight test data as well as a comparison with
analytical results is shown in Figure 20.

There was no wind tunnel data available for the two outboard spoil-
er segments and their effectiveness was difficult to estimate. However, the
comparison indicates that the predicted pitching moment produced by the
LAMS-FCS spoiler was conservative, i.e. the flight test data shows that it
takes more elevator than predicted to trim spoiler pitching moment.

4.2.2.2 Symmetrical Aileron Effectiveness

The L AM-FCS requires symmetrical aileron operation and through
electrical command, the LAMS' test bed has this unique capability. To help
assess symmetrical aileron effectivity, aileron-elevator trades were con-
ducted. Data obtained from test is plotted in Figure 21. A comparison
with the predicted analtical result %hows the predicted to be conservative.
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Like the symmetrical spoiler trades, the flight test data shows
that it requires more elevator than predicted to trim aileron deflections.

4.2.2.3 Spoiler Roll Response

Spoiler roll response data was obtained for the roll control pro-
vided by the five inboard spoiler panels. The two outboard LAMS spoilers
were rebracted in the wing and the ailerons were deactivated.

Typical data is plotted in Figure 22 for LAMB Flight Condition 1.
Steady state roll rate is plotted as a function of wheel deflection.

Predicted Flight Condition 1 data is compared to the flight test
data. The predicted steady state roll rate was calculated using the average

• inboard and outboaw-d spoiler positions.

_j 4,2.2.4 Aileron Roll Response

Aileron roll response data is shown plotted in Figure 23. Steady

state roll rate is plotted as a function of wheel deflection. The predicted
aileron roll rate was obtained by calculating the maximum steady state roll
rnte and assuming the steady state roll rate to be linear with aileron
deflection.

4.2.2.5 Elevator Effectiveness

Elevator effectiveness data was obtained by trading stabilizer for
elevator in increments of elevator from full forward and full aft column.
This data is plotted in Figure 24. A comparison of flight data with the
predicted linear derivative (dS/d6e) for Flight Condition 1 is also shown.

Comparing the slopes of the linear portion of each curve (dS/d~e),
the analytical slope is slightly higher than flight data. The analytical
data relates equivalent elevator deflection including elastic effects,
whereas the test data is for elevator deflection adjacent to the elevator
actuator.

4.2.2.6 Rudder Effectiveness

Rudder effectiveness data was obtained by establishing steady state
sideslip angles using the rudder. Ailerons were used to counteract roll due
to rudder or sideslip. This data (Pvs r.) is plotted on Figure 25.

The predicted linear slope, obtained from the yawing moment stabil-
ity derivatives Cn and Cn , is lower than the flight data. The predicted
slope was calculated assuming that all the roll due to rudder or sideslip
had been trimmed. Also, the predicted data relates equivalent rudder de-
flection, whereas the test data is for rudder deflection adjacent to the
rudder actuator.
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4.3 Structural Response to TurbulencehThe LAM B-52 flight test was designed to evaluate control systeM

performance during flight through random atmospheric turbulence. Perfor-
mance parameters considered were fatigue damage rates, maximum expected
stresses and rms accelerations. The randm nature of atmospheric turbu-
lence required analysis and experimental data to be derived by statistical
techniques. Data is presented in a form which permits direct comparison of
flight test data with analytical results.

4.3.1 Data Collection and Reduction

The test data presented in this section is from two flight tests,
#54-15 and #54-18. Both tests included ten-minute data collection runs in
each of the following configurations:

* Basic aircraft

• Baseline SAS on, all axes

0 LANS flight control system on, all axes

The raw data was processed by ground equipment yielding sanpled time-his-
tories (50 samples per second, each channel synchronized with the others)
of vertical and lateral gust components, accelerations, bending mnoenta,
and control surface motions.

The responses (accelerations, bending mcments, and control surface
,otions) were then reduced to frequency response functions. frequvcy

response functions are independent of the input spectrum, and can be cca-
pared for various fjlght segments even though gust envirorments of indivi-
dual semples were not identical. The frequency responses were compting
using the cross-spectral approach.

Tr/g(i)i

where: Tr/ (i') is the complex frequency response of "r" with
respect to .), input "g"

r,g (i rJ ) is the ccL 'e ross-spectral density of"r" and "le

*g,g(io) is the auto-spectral density of the input 'tg"

The cross spectral method of data reduction eliminates all response
information not statistically coherent with the selected gust component as
measured at the probe.
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*1 Assuptions inherent in the turbulence response testing are that:

0 The airframe, aerodynamics, actuators, recorders, etc. are within
their linear ranges

0 All gust measurements have an adequate signal-to-noise ratio

- Pilot inputs are incoherent with gust inputs

* Vertical and lateral turbulence components are statistically independent

* The gust components everywhere on the aircraft are perfectly coherent
with the respective gust components at the probe

The linearity assumption is considered valid in the range of gust intensities
investigated. Signal-to-noise ratios for the gust ccmponents were estimated
by ccmparing power spectral density calculations in still air to those in
turbulence and is presented in Section 4.3.2. Coherencies between guGt
ccponents and between pilot and gust were calculated and are presented in
Sections 4.3.3 and 4.3.4. Spanvise and time coherencies of the turbulence
ccmponents cannot be measured with a single gust probe. Less than perfect
coherence would result in lowered frequency response amplitudes as computed
frm the single-input cross-spectral equation, and the apparent coherency
between gusts at the probe and response would decrease as the wave length
of turbitlence decreased. Such an effect is present in all test data,
probabl indicating the spanwise and timewise variation in the turbulence
field,,

Test and theoretical frequency response function comparisons are
presented in Sections 4.3.5 and 4.,.6. Response spectrum parameters A and
No (rm response per unit rms turbulence, and characteristic frequency)
were computed for the various configurations and are presented in Section
4.3.7. Structural fatigue damage rates and peak stress calculations based
on these A's and No's are presented in Section 4.3.8 as a performance
measure. Ciw compartment acceleration spectra for the three configurations
are presented in Section 4.3.9.

4.3.2 Gust Signal to Noise Comparisons

Gust component power spectral densities were computed from gust
probe data for flight in turbulence and for flight in still air. The
comparison of results gives an estimate of signal-to-noise ratio for the
gust measurnt which is the input to the flight test frequency response
calculations.

Figure 26 presents the results for test #54-15. Both vertical gust
and lateral gust measurements were larger than the still air measurements by
at least a factor of ten between 0.2 cps and 7.0 cps. The turbulence
measurements by at least a factor of ten between 0.2 cps and 7.0 cps. The
turbulence measurements were 100 times greater than the still air measure-
ments between 0.2 cps and 2.0 cps.

This L-me of signal to noise ratio was considered adequate for
definition of the gust environment.
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4.3.3 Coherency of Pilot Inputs vs. Gusts

The control surface rms motions during the basic aircraft tests
were in some cases as large as the rms control surfaces motions during the
LAMS-FCS and Baseline SAS runs. The raw time-history response data was
therefore contaminated by pilot inputs. The cross-spectral analysis of the
data performed for this report removes the pilot effects, leaving only the
time correlated gust response data, provided that the pilot inputs are
incoherent with the gust components.

Figure 27 presents the computed coherencies between gust velocity
and control surface displacement for the basic aircraft configuration from
flight test #54 -15. The coharencies were considered low enough to assure
isolation of the gust-response data.

4.3.4 Gust Spectra and Coherency

Gust spectral density results are presented in Figure 28 for the
six turbulence tests--two conditions each for basic aircraft, Baseline SAS,
and LAMS-FCS. The plotted data are normalized to I ft/sec rms. The actual
rms gust component velocities for the six flights are tabulated below.
Vertical gusts were samewhat more severe than lateral gusts, as is typical
of moderate turbulence during low altitude flight over the plains.

MEASURED GUST 's - FT/SEC

TEST 54-15 TECT 54-18

Basic Baseline LAMS Basic Baseline LAW

Vertical
Gust 4.453 4.501 4.245 3.604 4.003 4.205

Lateral
Gust 3.012 2.967 3.328 3.248 3.286 3.846

Both the analysis and the test planning assumed that the vertical
and lateral gust components would be incoherent with each other. Figure 29
shows the test coberencies were indeed very low.

4.3.5 Frequency Responses to Vertical Gusts

This section contains frequency response amplitude plots due to
vertical gusts obtained frm the two turbulence flight tests. The plots
are arranged to p iwide visual ccprisons of the three aircraft config-
urations: the LAMS-FC3, Baseline SAS and Basic aircraft. Similar plots
of theoretical responses are Included.
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Figures 30 through 44 contain responses of body and stabilizer
vertical bending moment, wing vertical and chordwise bending moments, body
vertical accelerations, and control surface motions. These contain only
the test data which was statistically coherent with the vertical gust.

Without referring to specific figures, some general conclusions

can be drawn:

* Convi.d-,"ncy of results between the two tests is remarkably good

0 Relative performance of the LANS-FCS, Baseline SAS, and basic aircraft
is simila: to that predicted theoretically

* The important features of the responses are similar to the theoretical
predictions throughout the frequency range tested

All of the test frequency response functions showed a roll-off of
amplitude vs. frequency. An example of this is evident if Figure 32. This
was a direct result of a reduced coherency with increasing frequency. The
most likely cause is a reduced coherency between vertical gust components
at various locations across the span of the aircraft wing.

An important contribution of the LAY-FCS is reduced wing vertical
bending moment. The effect is clearly shown at the short period and 1st
bending frequencies, Figures 33, 35, and 37., The control surface activity
required to attain the structural performance is presented in Figures 42,

and 44.

4.3,6 Frequency Responses to Lateral Gusts

This section contains plots of frequency response amplitude due to
the lateral component of the measured turbulence. Data is presented from
two turbulence flight tests and theoretical calculations. As in Section
4.3.5 (response to vertical gusts) the plots are arranged to provide com-
parison of the LAMS-FCS, Baseline SAS and basic aircraft.

Figures 45 through 59 contain responses of vertical tail and fuse-
lage side bending moments, stabilizer vertical bending moment (antisymetric)
wing vertical, and fore and aft bending moments, body side acceleration, and
control surface motions. Thes') were obtained from cross-spectral analysis
of the test data so that only the responses coherent with the lateral gust
component remain.

The general condlusions noted in Section 4.3.5 apply in this
section. All of the basic aircraft responses include an apparent coherency
16ss at the Dutch roll peak. The half-power bandwidth of Dutch roll for the
basic aircraft is about .025 cps (estimated from Dutch roll damping measured
in handling qualities tests). The f.requency resolution of the data reduc-
tion system was .040 cps and the computed coherency of Dutch roll to lateral
gust was reduced by .025/.040, or about 60 percent. The tre frequency
response peaks for the basic aircraft Dutch roll frequency are greater than
the peaks shown by a factor of approximately 2.5. Responses at all other
frequencies (with the LAMS-FCS or Baseline SAS, at all frequencies, includ-
ing Dutch roll) were adequately defined by the cross-spectral analysis.

56



YHOW FREqUENCY REMPNSE FUNCTION

(AMPLITUDE - SQUARED)

Body Station 1222

Vertical Bending Moment

ID11 DUE TO VERTICAL GUST

NJO SAS

-- BASELINE SAS

- - -- LAMS FLIGHT CONTROL SYSTm24

FREOQMNCY- CPS

1013 (INCHILS) 2  
1013 (* N-Les)?

1012 102

A A

10 6

O 1 2 3 A 5 6 7 0 1 2 3 4 5 6 7
FREQLENCY- CPS FK-QLMNCY- CPS

FIGURE 30

57



1013 (±%CHLS
THORTIA FREQUENCY RESPONSE FUNCTION

(AMPLITUDE - SQUARED)
1012

Body Station 1412
Vertical Bending Moment

10" .. DUE TO VERTICAL GUST

1010 NO SAS

---- BASELINE SAS

10,:-- LAMS FLIGHT CONTROL SYSTEM

0 1 2 3 4 5 6 7
FREQUENCY - CPS

FPS ITESTFPS TEST 5418

FPIC4S TES 5415NIISS~

101 100

1010 1010

0 o3 A 5 0 1 2 3 4 5 6 7
FREQUENCY- CPS FREQUENCY Cps

FIGURE 31

58



10 I(NCHI.B M
FPS THEORETICAL FIREQUECYREPNEFNTO

AMPLITUE - SQUARE) I'

loil Stabilizer Buttock Line 56
Vertical Bending Moment

DUE TO VERTICAL GUST

in? I A I

o 1 2 3 5 6 7
FREQUENCY - PS

FPS TEST 5!5 TS51

*1 1

10~ /107

0 2 3 4 5 6 7 0 1 2 3 4 5 6 7
FREQUEW-CPS QEY-

FIGURE 32

59



FRE9UECY RESPONSE FUNCTION
(3AMPLITUE - SQUAWE)

Wing Station 222
Vertical Bending Moment

DUE TO VERTICAL GUST

-NO SAS

~ - -BASELINE SAS

;0- ---- LAMS FLIGHT CONfROL SYSTEM

0 1 2 3 4 5 6 7
FREQUENCY - CPS

IU2IUIC-O 2V
I---9ET51 FPS ITESTS416

1012

)10

10)1 109

0 1 2 3 A S 6 7 0 1 2 3 4 5 8 7

FIGUR 33

0

_2-



( )2 FRUENCY' RESPONSE FUNCTXON

IC02 (AMPLITUDE - SQUARED)
[ Wing Station 222

I Chordwise Bending Moment

DUE TO VERTICAL GUST

low- NO SAS

o0 6 * AmS FLIGHT CONTROL SYSTEM

1012 1010

loo ID

0 5 6 70 1 2124 5

I I S FIGURE 34~

61



2MP

PRE9 tY RESPONSE FUNCTION

Wing Station 820

Vertical Bending Moment

DUE TO VERTICAL GUST

-'NO SOS

-- SELI4E SAS

- - - - .MS FLIGHT CONTROL SYSTEM

0 1 2 3 4 5 6 7
FRQUENCY- CPS

h• tc~w ' (.IHLS)

FPS E~r 415TEST 5438

3 aii

I 01

II

0 1 2 3 ,4 5 0 I 2 3 4 5 6
-Q~C- UEONC-CPS

! FIGURE 35

6Z

!i J"



Tw- -rr07

FOPNSEFUNCTION

Iwo Wing Station 820

Chordvise Bending moment

DOE To VEWIcAL GMS

-NO SA.S

---LAMS L CONTROL SS

p3

10' *

:, .1 W it. .

0 6 7 2 3 4 _5 6 7
-~cyCPS

36 
I.,-16

63I



THOREUCF FMEUENCY RESPONSE FUNCTION

(AMPLITUDE - SQUA RED)

)two IWing Station 974

Vertical Bending Moment

DUE TO VERTICAL GUST

-NO SAS

BASELINE S

---- LAMS FLIGHT CONTROL SYSTEM4

0 1 2 3 A 5 7671
FREQUENCY- CPS

10~ INCHLSS)2 i'~ W~lC.I )2

10's lot

1101

1
1A

107 107

0 64 5 6 70 6 7
FREQUENCY-Cp CPSMCYC

FIGURE 37

64-- --



FPS THEORETICAL FWUENCY RESPONSE FUNCTION
(AMPLITUDE - SQUAmZ)

Wing Station 974
Chordwise Bending Moment

DUE TO VEReICAL GUST

-NO SAS

(INO.448SAS

0 2 3 4 5 6 7

FREOUENCY -CPS R~NC-J

]oil38

605



I

-i " IqMQUENCY RES' PONSE FU14CTION

(AMPLrruDE - sQuABzD)

Body Station 172
\ Vertical Acceleration

W DUE TO VERTICAL GUST

------ NO SAS

-BASELINE sAs

x7
5  

. - LAMS FLIGHT CONTROL SYSTEH

0 l 2 3 4 5 6 7
Fl;EQUEN--.y - .pS

21156,, s

' 0 4
TST5(5gr)Tsrsl

WO2

i '

I.I

0 ' 2 3 -6 7 4

FROUW- CS 3 6 7

66



_HOETC PmfEY MP NSE FWCrION

Body Station 860

* *. Vertical Acceleration

DUE TO VERTICAL GUST

lX

I - /.'.-.NO SAS

.* -- -BSELINE SoS

-.. LAMS FLIGHT CONTROL SIYS

0 1 2 3 A 5 6 7
FRQOUENCY- CPS

A r

0 V 3 4 5 6 7 0 2 3 4 5 6 7 ,

FKL0U4CY- CS FQUENCYL - Cps

FiGE 4o

67



FEQUENCY RESPONSE FUNCTION
(AMPLITUDE - SQUARED)

Body Station 1655

Vertical Acceleration

DUE TO VERTICAL GUST

NO SAS

- -.... BASELINE SAS

. - -LAMS FLIGHT CONTROL SYSTEM

0 2 3 4 5 6 7
FRtEJUNCY- CPS

FPfTESf 5415 FPS(t) TESr 5418

1103

Ii, /i ,

.A.

T 2 3 4 5 6 7' '1 5 6 7
FI Qt~t-CY- CPSFR"ALNCY- cPS

FIGURE 41

ii 68



O m /~(DeGR~ FRI~MMUECY RESPONSE ,ONCTION

(iMLITUDE - SQUAWE)

Elevator Angular Displacemnt

Vt....

', .'. NO SAS

'I I: "

! ' A
1 - -',.-LAMS FLIGHT CONTROL SYSTI4

0 1 2 3 4 5 6 7
FREQUENCY- CPS

:", 2  
10 i2

DEGRES I .

* lit" I " I
TES 51 % F TS

0 I 2 3 4 5 6 7 0 I 2 3 4 5 6 7FREQUENCY- CPS FREQUENCY-CPS

FIGURE 42

69

_- ,



(OEG4ES)2THEORETICA

IFi9UECY RESPONSE FUNCTION
(AMPLITUDE - SQUARED

Aileron Angular Displacement

DUE TO VERTICAL GUST

...... ......

~ NO SAS

0 1 2 3 4 6 7

FREQUENCY -CPS

FPS 7 5415 FPS TEST5418

110'

104 10

'I M, 16'

0 1 2 3 4 5 6 7 0 I 2 3 4 6 7
FIGURECP FREUECYCP

70



101
(EEUEENCY O NSE FUNCTION

;.. (AW LM - , tRIM)
""' /'*\ * Spoiler Angular Displacement

DUE TO VEBTICAL GUST

--_NO SAS

- -...- IAMS FLIGHT CONTROL SYSTIM

0 1 2 3 4 5 6 7
FREQUENCY- CPS

wD' :/0B3REES12 101 I ~ 2

:IFPS TESr 5e15 FS TESTS4107Sk

100

i-x

102. NA

-- I 1, 5Il il

6V

0 1 2 3 4 5 6 7 0 1 2 3 4 5 6 7FRE(MUNCY- CPS FREQUENCY- CPS

FIGURE 44

71

_j



(APITD -... -QAF

Fl tto 3

.liS)? (---ASELINE -SAU ~ '

--- LAMS FLIGHT CONTROL SYSTEM

0 1 2 3 4 5 6S

m12 MH )a 1012 INCH4S
FsTEST 5415 FPS TEST 5418

11010

lo 10
i !41

me- )0t

0 1 2 3 4 5 6 7 0 1 2 3 4 5 6 7
FREOENcy- CPS FREQUNCY- CPS

72

....................
%~

All-~



MI-8 TH*UCA

'I THo~rIC FBEUENGY RMONSE FUNCTION

(AMUTUE -SQUAKED)

IBcdy Station 1222

Side Beridiug MoAcent

lot? DUE TO LATEMA GMS

- ---- BAbMELNE SAS

---- LAMB FLIGHT CONTROL SYSTN

)00,

0 1 2 3 4 5 6 71 FREQUENCY - CPS

IvIl

jlot

0 1 2 3 AP5~ 6 7 0 ~ 1 A



101

1O p (7Hwas 1EOAETICAL
FREQUENCY RESPONSE FUNCTION

(0a PLITUDE - SQUARED)

Body Station 1412

Side Bending Moment

1"1 - DUE TO LATERAL GUST

INO SAS
-- -- BASELINE SAS

109-... . LAMS FLIGHT CONTROL SYST 4M

0 2 3 5 7
FREQU)ENCY-- CPS

• /I{ NC..BS1 2  -{fINCH.LBS )2
S- TEST 545 FPS / TEST 54;3

Ion
)01 )01 .. ,. • ,

0 1 2 3 4 5 6 7 0 1 2 3 4 5 6 7
FREQUENCY- CPS FRE'WUNCY -CPS

i FIGURE 47

C.4



FREQUENCY RESPONSE FUNCTION

1011(AMbPLTUDE - SQUARED)
Wing Station 222

Vertical Bending Moment
)010 DUE TO LATIHAL GUST

-O SAS

---- BASELINE SAS

~0a -- - -LAMS FLIGHT~ CONTROL SYSTEK

0 I 2 3 A 5 6 7
FREQUENCY - CPS

1012 
(9-~ )2 1012(9IHS )2

1010 ~1 a 1 .

10~ 0

0 I :0
iI

1710~ 1 _ _ _ _ _ _ __ _ _ _ _

3 4 5 6 70 1 2 3 4 5 6 7
FREQUENCY-CPS FREQUNCY-CP

~ ~a~ a a a - I--- -



wo1 (W44S )2OWC FIEQ UEN CY RESPONSE FUNCTION
(AMPLITUDE - SQUARED)

Wing Station 222

Chordwise Bending Moment

I, DUE TO LATERAL GUST

low__NO SASSS

,,'" "/ • ---- BASELINE SAS

--... LAMS flIGT CONTROL SYSTEM

E1  
I I I

0 1 2 3 4 5 6 7
FREQUENCY- CPS

I.1013 
H-*

101 i

i fLi

:' ;,;,

10 0 11 it.,

FIGURE 49

76



iFREi CY RESPONSE FUNCTION

K ~NO SAS.----
BASELINE SAS

-- AHS FLIGH CONTROL SYSTEM

0 2 3 4 5

101~ PCHSsxyl14H
FSTEST 5415 7MSS416

I 309

I - ..,-'

107  tO i

02 3 4 5 6 7 0 1 5 16
FKZQL04CY- CPS FKtWpFIGURE 50

77.



JM ' p NtOM' 11 , 111101

FPS flfORICA

FREQUENCY RESPONSE FUNCTION
1010 (AMPLIUE - SQUARED)
IWing Station 820

: ' Chordwise Bending Moment

DUE TO LATERAL GUST

- -NO SAS

-- BASELINE SAS

LAMS FLIGHT CONTROL SYST4

0 1 2 3 4 5 6 7
FREQU'ECY- CPS

FP IT, 5451ESf 5418

IN ( )0

1007

I AI

o0 2 3 4 5 0 2 3 4 5 6 7

fRE -C p5 fkfENCky- CPS

FIGURE 51

78



MA
~,II F%0qMECY RESPONSE FUNCTION

Wing Station 974

I Vertical Bending Moment

109DOE TO LJATERALJ GUST

-NO SAS

LAMS FLIGHlT CONTROL SYSTEM~

FREQUENCY- Cps

*DI ID

4of

0 1 2 3 4 5 6 7 0 2 3 4 5 6 7
FREUENCY-CPS

FIGURE 52

1 '79



;I

I FO ( ICH a ) THEONTICAJ.

FR F9 M CY RESPONSE FUNCTION
1010 m' (AMPLITUDE - SQUARED)

Wing Station 974

Chordwise Bending Moment

DUE TO LATERAL GUST

10'

-- NO SAS

10' ----- BASELINE SAS

. - LAMS FLIGHT CONTROL SYSTEM

S 1 2 3 4 57FREQUENCY- CPS

FPS TEST 5415 ,,r I TEST 5418

)0t : 0

j...

)07 .!i7

.11

.~ ..

0 I 2 3 4 5 0 2 3 4 5 6 7
FREQUENCY- CP53 FREQUENCY -CPS

80

+.

-0'VI .r ..



IIE9UWCY RESPNSE FTJNffION
lox AMPITUE -SQUAME)

Stabilizer Buattock Line 56

Vertical Bending Moment

DUE TO LATERAL GUST

NO SAS

---- BASL1 SAS

---- LAMB FLIGHT CONBOL sysTN

FfEQ(WNCY - CPS

1OiT 5415 FST1ES54s

09 109j*

1091

0 1 2 s 4 5 6 7 0 1 2 3 4 S 6 7
RC~ue~C- CPS FREEtCY-CF5

10' I L L L J 10 ___ ____ _____54



(AMPITUDE - SQUARED)

Body Station 172

Side Acceleration

UE TO LATERAL GUST

*1 WFlo SA~s

----- BASELINE SAS

/.,L ---- A MA4S FLIGHT CONTROL SYSTEM

0 1 2 3 4 5 6 7
FwQuxcY - CpS

FP~S IM 5415 FPSI TESr 5418

103

rN

i t.t

W06
0 1 2 3 4 5 6 7 0 1 2 3 4 5 6 7

FWAUECY-CS RELINCY as

FIGURE 55

82



( r~s) FRiEQUENCiY MISjpNSE FUCTION

lop(AInTUDE - SQUIM)
Body Station 860

Side Acceleration

DUE TO LATRAL GUST

LA__ _ _ FL~f CONTROL SyS

FREQUENCY - P

a 4_5_6 1 2 3 5 6
Fr~~c~e~iyii's 'RMNC-

Ajj



(4 TEOEM REUEC RESPONSE FUNCTION
(AMLITUDE- SQUARED)

Body Station 1655

Side Acceleration

DUE To LATERAL GUST

"SU-LA L~I GHT CONTREOL SYSEMI

0 1 2 3 4 5 6 7

AA

0 2 3~I 4

FIGURE 5



FREq UEN CY RESPONSE FUNCTION
(AMIIfTDE - SQIJABI)

DUE TO LATERAL GUST

I Y~~~~ NO SAS SSOTO Y~

1020I

0 1 2 3 A 5 6 702 3 4 5 8 7
FREQUENCY - CPS FEUNY P

FIGIJ~E 5

10 (p RqS 210085



10F1 
THEORETICAL

FREQUENCY RESPONSE FUNCTION

(AMPLITUDE - SQUARED)

" Aileron Angular Displacement

"Io  "DUE TO LATF4AL GUST

l_ .\ i : .- ,

NO SASII I

---- BASELINE SAS
-0 

-3 LAS FLIGHT CONTROL SYSTEMI

0 3 2 3 4 5 6 7
FREQUENCY - CPS

10 " 2. 
.

. I 2

i . ."

)6 I0

'0 2 3 A 5 6 7FM"OUNCY- CPS FREQUENCY-CPS

6FIGURE 59

18



The general performance of the Baseline SAS and LAMS-FCS in lateral
turbulence was similar to that predicted as verified by the following fig-
ures. The control surface activity required to obtain the structural per-
formance is presented in Figures 58 and 59.

4.3.7 Spectral Parameters "A" and "No"

This section presents the gust response parameters "A!' and "No"
(normalized rms response and characteristic frequency) from the two turbu-
lence flight tests, 54-15 and 54-18. The data is arranged to show the
relative performance of the three aircraft configurations: LAMS-FCS,
Baseline SAS, and basic aircraft.

In Figures 60 through 65, test "A" values are plotted on graphs
of theoretical "A" values for the wing and body. The figures show "A"
values computed from the raw time-history data, coherent (with gust) values
based on test frequency response functions, and the theoretical gust spec-
tral density. The following observations can be made:

* "A"-values obtained by the two methods (raw data, cross-spectral
analysis) generally bracket the predicted response

* Comparing tests 54-15 and 54-18, the cross-spectral "A"- values
are in better agreement than are the raw data "A" values

The cross spectral "A" values are lower than the predicted as a
result of the following. The coherent data reduction method reduces the
response due to pilot inputs (the primary reason for requiring coherent
data reduction), In addition, there is a lack of coherency between gust
components at the gust probe and various points on the aircraft for the
higher frequencies further reducing the response functions. The summation
of these two effects results in responses below that predicted. Also, for
the basic aircraft configuration only about 60 percent of the Dutch roll
contribution to rms load was lost because of the bandwidth of the data re-
duction process (see the discussion in Section 4.3.6).

Additional normalized rms response ("A") values are presented in
Tables VII through XII. Tables XIII through XVI contain test and theoreticalcharacteristic frequency ("No") values for all of the flight test responses.

4.3.8 Extrapolated Peak Load and Fatigue Damage Comparisons

The aircraft with Baseline SAS is representative of current de-

signs. Comparisons in this section are between the performance of the
LAMS-FCS and Baseline SAS. Computations are based on combined vertical
and lateral gusts.

Estimates of structural performance of the LAM B-52 with LAMS-FCS
and Baseline SAS were made using flight test "A" and "N " parameters. The
"A" and "N values used were the average of those obtained from Tests
54-15 and 54-18 using cross-spectrum frequency response data with a theoret-
ical gust spectrum.
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TABLE VII

VERTICAL GlUST A'S

RAW-TIME HISTORY DATA

TEST 5415 TEST 5418
RESPONSE UNITS BASIC BASELINE IAMS BASIC BASELINE LAMS

Vert. Accel. g's .0296 .0325 .0349 .0380 .0332 .0354
/i B.S. 172 FPS

Vert. Aecel. g's .0243 .0275 .0294 .0312 .0277 .0306
BVr. sAc86o FPS

Vert. A5el. ..0339 .0377 .0417 .0439 .0395 .0433B.S. 1655 FPS

Aileron ]DG. .0328 .0426 .0989 .0436 .0404 .105
Displacement FMS

Spoiler DEG. .0147 .0154 .833 .0157 .0141 .704
Displacement FPS

Elevator DEG. .0706 .112 .140 .156 .0863 .147
Displacement FPS

VSM 106IN-LB .679 .717 .645 .833 .733 .636W.S. 222 FPS

C13 I061N-LB .140 .155 .201 .182 .169 .195
W.S. 222 FPS

V11 1061N-LB .149 .164 .138 .198 .170 .147
W.S. 820 FPS

.6IN-u3 .0471 .0516 .0686 .0586 .0538 .0604
W.S. 820 FPS

vi o61N_,LB'/1 4 FPL .0746 .0824 .0806 .0993 .0836 .0844
W.S. 974 FPS"

CJW 106IN-LB .0168 .0174 .0311 .0254 .0167 .0197
W.S. 974 FPS

B.. 10 6 N-LB . 196 .207 .247 .245 .219 .232
B.S. 1222 FPS

VEK 106 IN-LB .127 .135 .164 .152 .132 .145
B.S. 1412 FPS

S.B.L 161N-LB .0302 .0325 .0433 .0396 .0362 .0442
S.B.L. 56 FP
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TABLE VIII

VERTICAL GUST A'S

A's calculated using:

* Cross-spectrum derived frequency response functions
* Theoretical gust spectxkm

TEST 5415 TEST 5418
RESPONSE UNITS BASIC BASLINE LAH BASIC BASLINE IAMS

Vert. Accel. 'B.S. 172 FPS .0212 .0207 .0201 .0227 .0213 .0211B.S. 172 FPS

Vert. Accel. K .0221 .0219 .0215 .0242 .0216 .0230B.S. 86o FPS

Vert. Accel. '
B.c. 5,0286 .0288 .0284 .0308 .0280 .0299B.S. 1655 FPS

Aileron DEG. .0125 .0151 .0198 .0156 .0148 .0200
Displacement FPS

Spoiler DEG. .0017 .0019 .509 .0017 .0018 .453
Displacement FPS

El evator DEG. .0171 .0281 .0725 .0516 .0199 .0684
Displacement FPS

VM 106IN-LB .602 .556 .459 .611 .545 .452
W.S. 222 FPS

CRL4 106IN-LB .0683 .0655 .0813 .0552 .0688 .0735
W.S. 222 FPS

VIH 1061N-LB .132 .127 .0982 .147 .128 .105
W.S. 820 FPS
CtEl 1061N-LB

.0222 .0227 .0327 .0190 .0220 .0265
W.S. 820 FPS

VE4 106IN-LB .065' .0629 .0576 .0737 .0636 .0608
W.S. 974 FPS
C 4 106IN-B ,0066 .0062 .0142 .0057 .0060 .0081

VO4 1061N-LB .118 .115 .125 .111 .115 .116
B.S. 1222 FPS

.0712 .0695 .0778 .0626 .o651 .0669B. S. 1412 FPS

VBL 106N-LB .0280 .0269 .0322 .03o6 .0276 .0335S.B.L. 56 FPS
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TABLE IX

VERTICAL GUST A' S

THEORETICAL

LAMS FLIGHT CONDITION 1(50oooo LBS, 350 KTS EAS, 4000 FT)

ff BASIC BASEINE u~

Vert. Accel. Ks .0259 .0252 .0236
B.S. 172 FPS

Vert. Accel. 1 .0273 .0260 .0263
B.s. p6 n FPS

Vert. Accel. K!-B .0426 .0411 .0411

B.S8. 1655 ITS

Aileron DEG. .000 .000 .039
Displacement FPS

Spoiler DEG. .000 .000 .616
Displacement FPS
Elevator DEG. .0o0 .033 .072

Displacement FPS

Vo6 IN-LB .702 .677 .537w.s. 222 FPS

C16 IN-LB .212 .215 .216

W.S. 222 FPS

VB 106 IN-LB .170 .161 .119

W.S. 820 FPS

CM, 106 IN-LB .0481 .0482 .0427

W.S. 820 FPS

v_ lO6 - .0895 .0840 .o684
W.S. 974 FPS

CM4 106 IN-LB .0167 .0166 .0154

w.s. 974 FPS

VN lO6 IN-B .182 .186 .226
B.S. 1222 FPS

WK 106 IN-LB .111 .6 .147

B.S. 1412 FPS

10----6 IN-LB  .0427 .0411 o463
S.B.L. 56 FPS
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X TABLE X
LATERAL GUST A'S

RAW-TIME HISO0RY DATA
is TES 1 TEST '418

Side Accel. __
Side Aee. 0213 .0224 .0224 .01 o0

B.S. 172 FPS .0212 .0205 .0199
Side Accel.

3B.S. 860 PS .0092 .0088.0081

Side Accel. 070
B.S. 1655 0395 .0371 0354 .0384
Aileron 

DEG.122
Displacement FPS .273 .486 .532 .296 .292 .444

7 Budder DEG.
Displacement M .128 •147 .114 .114 •132 .0826

.VM4 106 IN-LB

W.S. 222 FPS 185 .168 .180 .182 .142 .15
!. EM 106IN-jB

W. S. 222 FPS 487 .413 396 .49 387 .362

W.S. 820 60787 0765 .0682
+CE 106INLB

W.S. 820 FPS 0933 .0798 .0851 .0908 0698 .0722
V 4 l- N-- .0430 .0452 .0462 .0438 .0383 .0386
W.S. 974 FPS 08 .36
CB14 lo6IN,B
W.S. 974 FPS 0270 .0253 .0321 .0292 .0251 .0234
Si.222 106-LB .631 .484 •475 .636 36 8
B.S. 1222 FPS . .418
sBM I06INLB

B.S. 1412 S .349 .261 .260 .361 .243 .227
v3 106lm-LB .032 .0448S.B.L. 56 FPS .0292 .0482 .0289

F.S.N-L 1FS 1 .104 .110 .162 .101 .0993
F.S. 135 FP .114999
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TAB E XI

LATERAL GUST A'S

A's calcul1ed using:

t ',ross-spectrum derived frequency response functions
* Theoretical gust spectrum

TEST _415 TEST ,4l8
RESPONSE UNITS BASIC WI N JAMS BIQ .f -.AM

Side Accel. 
___-

B.S. 172 . .0055 .0061 0063 0064 .0070 =0059

Side Accel. g's .0o46 .0043 .0045 .0049 .0014 .0043
B.S. 860 FPS

Side Accel. 1g6 .0191 .0188 .0188 .0200 .0213 .0196B.S. 1655 FPS

Aileron DEG. .0429 .0602 .261 .0400 .0861 .239
Displacement FPS

Rudder DEG.d em DEG. .0199 .102 .0744 .0086 .104 .0607Displacement FPS

10 l6 IN-LB
V.S 106 .0921 .0860 .0949 .0937 .0848 .0926
W.S. 222 FPS

CHMt 106 IN-LB
INL .281 .262 .256 .296 .277 .243

W.S. 222 FPS

VBM 106 IN-LBW.S. 106 INL .0248 .0139 .0159 .0271 .0188 .0168
W.S. 820 FPS

GEM 106 IN-1B

i.S 82 FP .0.504i ,O448 .04!61 .0494i .04156 .04l34t

Wo1 INL .0153 .0077 .0097 .0156 .0116 .0091
w." 974 FPS

CBM 106 IN-LB .0131 .0119 .0122 .0143 .0143 .0132
W.s. 974 FPS

SBM 106 IN-IBB.S IN-L .389 .340 .341 .390 .346 .315
B.S. 1222 FP'S

SBM 106 IN-LB

B.S. 1412 FPS .21t .180 .183 .217 .188 .168

VPA'4 106 IN-LB
.0254 .0207 .0229 .0275 o0225 .0224

S.B,L. =6, FIIS

SBM 106 IN-LB .1F.S& 135 FS .0932 .0769 .0812 .0996 .0821 .0778
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TABLE X-II

LATERAL GUST A' S

THEORETICAL

LAMS FLIGHT CONDITION 1
(350000 LBS, 350 KS EAS, 4000 Fr)

IESPON,E UNITS BASIC BASELINE LAMS

Side Accel. ___ .03 -16 02B.S. 172 FPS13

Side Accel. gs 0111 oo63 oo66
B.S. 860 FPS .

Side Accel. 918aSd. 1655 F5 .0302 .0239 .0252B. .s. A655 FPS

Aileron DEG;.
.000 .0439 .191

Displacement FPS

Rudder DEG.
.000 .159 .1231Displacement FPS

,!' VBM 106 IN-LB
•123 .0721 .0843', W.S. 222 FPS

CEM 106 IN-LB
..509 331 •339

Vl lO I-LB.057 .0197 .0168W.S. 222 FPS
W.SM 820 IN-LB .04587 .0197 •o0168

W.S. 820FPS

S.82 106 IN- .0587 .0420 .021w~s. 97 FPS

CHM 106 IN-LB
w~. 7 v-S 0218 .0151 .0153

SB 16 N-B 569 .378 .372
B.S. 1222 FPS

SB4 06INLB.318 .2.32 .221
B.S. 1412 FPS

VBM 06IN-LB
S.B.L. 56 FPS 01 .26 .23

SIBM 106 IN-LB .[, o8 o9

!F.S. 135 FPS
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TABLE XIII

VERTICAL GUST No's C OPS

No's calculated using:
e Cross-spectrum derived frequency response functions
* Theoretical gust spectrum

TEST 5415 TEST 518
RESPONSE BASIC BASELINE JAMS BASIC BASELINE JAMS

Vert. Accel. 1.242 1.360 1.368 1.188 1.416 1.201
B.S. 172IVert. Accel. 552 .595 .607 .504 .588 .554B.S. 86o

Vert. Aceel. .767 .810 .841 .716 .815 .751
B.S. 1655

AileronDile nt .943 .755 2.756 .754 .718 2.117Displacement

Spoiler 3.113 3.017 .780 3.078 2.977 .671Displacement

Elevator .744 .480 .649 .331 .749 .645
Displacement

2.619 .655 .686 .542 .598 .628iW.S" 222 i

C M 1.980 1.988 2.043 1.928 2.098 2.009W.8. 222

.507 .534 .529 .447 .509 .496W.S. 820

W.S. 820 1.697 1.611 1.373 1.648 1.909 1.355 '1

v2 .473 .503 .513 .419 .492 .489 IW.8. 974

CI41.721 1.751 1.235 1.4 72 1.803 1.364t
w.s. 974

BS122 1.4 83 1.419 1.298 1.441 1.513 1.139
B..122214421 1.577 1.511 1.364 1.571 1.629 1.211B.S. 1412

S.B.L. 56 .725 .819 .693 .665 .790 .671
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TABLE XIV

VERTICAL GUST No's CPS

THEORETICAL

LAMS FLIGHT CONDITION 1
(350000 LBS, 350 KTS EAs, 400o F!)

RESPONSE BASIC BASELINE LAMS
Vert. Accel. 2.364 2.380 2.487
B.S. 172

Vert. Accel.
B.S. 860 .891 .925 .988
Vert. Accel.

B.S. 1655 1.356 1.406 1.458

Aileron
Displacement - - 3.383
Spoiler
Displacement - - •993

Elevator.

Displacement .702 .724

VBMU WV. 222.709 .731 .772W. S. 222

W.S. 222 2.261 2.268 2.289

VBM
W.S. 820 .656 .681 .782

I CBM

W.S. 820 2.252 2.260 2.297

VBM
W.S. 974 .709 .737 .913

W.S. 974 2.035 2.077 2.273

B.S. 1222 1.781 1,708 1.334

VEM
B.S. 66 1.936 1.5021412.S2.066

VBM
S.B.L. 56 .895 .956 .880
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TABLE XV

LATERAL GUST NO'S -CPS

No's calculated using:

* Cross-spectrum derived frequency response functions
9 Theoretical gust spectrum

TEST 5415 TEST 5418

RESPONSE BASIC BASELINE LAMS BASIC BASELINE LAMS

Side Accel.
S. 172 3.734 3.798 3.514 3.630 3.937 3.531B.S. 172

Side Accel.Sd 1.s. 860 1.190 1.501 1.587 1.292 1.538 1.595

Side Accel.
B.S. 1655 1.504 1.570 1.565 1.496 1.579 1.564

sAiemon .573 .455 1.001 .582 .295 1.095
Displacement

] Rudder
Rudi e .711 .344 .407 1.247 .310 .412
Displacement

•S22 .651 .796 .870 .581 .786 .876W.S. 222

CW. .936 1.029 1.031 .869 1.040 1.047W.S. 222

VEM
W.s. 820 .784 1.367 2.064 .738 1.073 1.989

CMW .847 .976 1.128 .895 1.018 1.107W.S. 820

VWS9 .744 1.483 2.313 .713 1.100 2.205W.s. 974

974 .994 1.155 1.399 1.173 1.267 1.243
W.s. 974

sBS 2 .694 .821 .761 .652 .811 .753B.S. 1222",

B.S. 1412 .718 .859 .804 .689 .849 .810

V13M
S.B.L. 56 .656 .831 .723 .621 .812 .709

.583 .703 ./69 .548 .710 .673
F.S. 135
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TABLE XVI

LATERAL GUST Na's - CPS

THEORETICAL

LAMS FLIGHT CONDITION 1
(350000 LBS, 350 KTS PAS, 4000 FT)

RESPONSE BASIC BASELINE LAMS
Side Accel.

B.S. 172 3.859 3.833 3.839
Side Accel.
B.S. 860 .830 1.24 1.313

Side Accel.
B.S. 1655 1.529 1.895 1.822

Aileron
Displacement .286 2.269

Rudder
Displacement - .291 .304

VBM

W.S. 222 .447 .728

CBM
W.S. 222 .636 .941 .934

VBM
W.S. 820 .520 1.108 2.296
CEM
W.S. 820 1.260 1.752 1.,593
VI3M
W.S. 974 •432 .841 2.589
CBM 

:
WS. 972 1.368 1.960 1.794

BS. 122 530 .780 .770

SbM
B.S. 1412 .644 .884 -893
VBM
S.B.L. 56 .636 1.124 1.070

. 8 .7 9 .707
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Table II shows peak incremental stress ratios, LAMS-FCS to Baseline
SAS, for an exceedance expectation of once per 1000 hours of contour low-
level flying. Agreement of the test results with theoretical predictions
is considered very good.

Table III presents fatigue damage rates computed from the test "A"
and "No" values. Data compares the LAMS-FCS to the Baseline SAS. Agreement
with predicted values is excellent for the wing. Test data shows that the
LAMS-FCS performance was somewhat better than predicted for the fuselage and
fin. Stabilizer damage rate was greater than predicted, but is still accep-
table at only about 1 percent of the inboard wing damage rates.

4.3.9 Crew Compartment Acceleration Spectral Density

The crew compartment acceleration transfer functions presented in

4.3.5 have been multiplied by the theoretical vertical gust spectral density
to obtain the graphs in Figure 66 . It is apparent tha: . the amplitude of
the rigid body response at .25 cps was diminished by the Baseline SAS and
even more by the LAMS-FCS. The predicted increase in frequency of the body

mode from 2.7 cps to 3.0 cps) due to the LAMS-FCS is also shown by the test
data.
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1 5.0 MhRWARE PERFORMCE

This section of the report contains the results of the hardware per-
formance evaluated during ground tests and compares the test data to that of
the design requirements.

The hardware was evaluated during the following activities:

* Aircraft control system ground vibration test

* Control surface actuator dynamic response testing

0 Hydraulic power system tests

* Evaluation (Fly-By-Wire) pilot system characteristics

* Stability augmentation system tests of the Baseline SAS and LAMS-FCS

5.1 Aircraft Control System Ground libration Test

Major modifications to the flight control systems were accomplished
during the LANS program. A ground vibration test of the manual control sys-

tems was required to obtain experimental data for comparison with that used
in the theoretical analyses to verify the accuracy of the analytical results.

5.1.1 Directional and Longitudinal Control Systems

Test data obtained from a similarly configured test vehicle, the
ECP 1195 aircraft, was used for the rudder and elevator manual control
systems; consequently, no ground testing was accomplished for these systems
on the LAW' vehicle. The data for these systems was obtained during the
ground vibration tests of References I and 2.

Figares 67 and 68 present the control system dynamic response ver-
sus "Q" spring pressure for the rudder and elevator control systems
respectively. Results of the control systems, with the evaluation pilot
(L.H.) controls removed from the system and values of the system dynamics
used in the theoretical analyses are indicated on the two figures.

The control surface modes of vibration versus the theoretical
analyses results are ac- follows:

*Rbddcr Torsion hede (Test = 21.4 cps vs. Theory = 2l.e. cps)

• Eleator lbrsion Mode (Tesb = 29.8 cps vs. Theory = 29.1 cps)

5.1.2 Lateral Control System

Ground vibratior testing of the pcwered control systems on the wings
was conducted to establish the =anual aileron-spoiler system dynamic -harac-
teristics.

The aircraft was restrained to minimize the coupling between hd

airciaft elastic modes azd the control system. Instrumentation consisted of
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position indicators and accelermeters installed at appropriate locations
throughout the system.

Testing was accomplished in four parts:

6 Vibration of the aileron againsi; the powered actuator

. Actuation of the aileron through the mechanical input lever

0 Oscillation of the monitor pilot control wheel

* Oscillation of the monitor pilot control wheel with the spoiler valve
mechanical input disconnected

The results of the above t sm a-- described in the following
paragraphs.

5.1.2.1 Vibration of .he Aileron Against the Powered Actuator

An clectrobjnamic shaker vas attached to the L.H. aileron approxi-
mately 27.5 inches aft of the hinge line. The test was conducted with the
shaker on either the inboard or outboard edges of the aileron with no
appreciable change in the dynamic characteristics noted for either shaker
location. The results are presented in the impedance plot of Figure 69
tand summarized below:

0 Coupled actuator, structure, and aileron resonance at 1.6 cps with a
viscous damping coefficient equal to .12

S Aileron Torsion Mode (Test = 38.5 cps vs. Theory = 39.0 cps)

5.1.2.2 Actuation of the Aileron Through the Medhanical Input Arm (AMVIA)

The actuator and aileron systems were oscillated sinusoidally by an

electrodynamic shaker attanhed to the mechanical input arm (AMVIA) on the
-.leron actuator. The remlts of this test are presented in Figure 70.

The plot ccmpares the experimental data with two different theoreti-
'1 transfer functions used in the flutter analyses. The analyses with either
-oretical transfer function provided a satisfactory aircraft flutter bound-

ary and would be stable using the experimental transfer function.

5.1.2.3 Oscillation of the Monitor Pilot Control Wheel

The lateral control system was tested by attaching an electro-
dynamic shaker to a bellcrank which replaced the control wheel. Figure 71
presents the results of this test. The manual lateralsystem exhibited only
one resonance at approximately 5 cps which is associated with the aileron
actuator feel spring. The actuator feel spring is a preloaded spring and
exhibites non-linear characteristics dependent on amplitude. The theoretical
analyses predicted the system frequency at this amplitude of oscillation
(±7.5 degrees of wheel displacement). Also noted during this portion of the
test was a spoiler panel-actuator resonance at approximately 18 cps as veri-
flied from previous vibration tests.
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5.1.2.4 Oscillation of the Monitor Pilot Control Wheel
With the Spoilers Disconnected

This test Y'as conducted in the same manner as the test in paragraph
5.1.2.3 and allowed sweeping a broader frequency spectrum with larger input
amplitudes bee-use of the elimination of the wing support and spoiler reso-
nances in the ,, to 30 cps frequency spectrum. Figure 72 presents the
results of this test and shows that the R.H. aileron actuator had a damping
coefficient ( ) equal to approximately .12 which was less than the design
requirements. The actuator frequency response characteristics were noted to
be very sens-'tive to amplitude. Consequently the aileron actuators were
subsequently modified to provide a higher damping coefficient (Q = .5). The
results of the final actuator tests are presented in Section 5.2.

5.2 Hydraulic Actuators

The electrical authority eaid maximum rates of the ailerons, eleva-
tors, rudder and the IAMS spoiler hydraulic actuators are presented in
Figure 73. Good agreement is noted between the predicted and experimental
data for frequencies below 5 cps. The experimental response rate above 5 cps
is less than predicted because of the actuator characteristics presented inL the following sections.

5.2.1 Aileron Actuator

The aileron actuators were manufactured by Cadillac Gage Company to
Boeing specifications. The vendor accomplished the specified flight-
worthiness testing. Major elements of this testing included performance,
vibration and endurance tests. The test specimen completed all required
testing satisfactorily without major incident.

In dddition to the acceptance tests performed at the vendor's
facility, the flight hardware was subjected to rigorous performance tests
while installed on the test vehicle. Figure 74 is a plot of the. closed loop
frequency response. The actuator response was not within the design band
for gain at frequencies above 3.5 cps and phase at frequencies above 4.5 cps.

The design limits were theoretically established considering, among

other factors, structural stiffness of the attach point and the bulk modulus
of the hydraulic fluid. It was detarmined on the mock-up that the structural
stiffness of the attach point and the bulk modulus were less than predicted.

Both factors tend to reduce both the natural frequency of the actuator system
and damping ratio. To counteract the reduction in damping ratio, it was
necessary to increase the force feedback gain; this change further reduced
the natural frequency. Thus, the natural frequency o2 the final system
installation was approxlmately 5 cps instead of the desired 20 cps. This
reduced natural frequency was judged acceptable fcr LANS usage because the
highest frequency mode which the aileron controls is approximately 4 cps.

Figure 75 indicates that the open loop frequency response for the
auxiliary actuator was within the design limits. The aileron surface response
to a one degree step input is shown in Figure 76. Figure 77 is a hysteresis
plot and shows a maximum dead zone of approximately .10 d egee which pra-
vidas adeqnta sma3l input actuator response characteristics.
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5.2.2 LAY1-FCS Spoiler Actuator

The LUMS-FCS spoiler actuators were assembled by The Boeing COMUany.
The assembly includes a hydraulic actuator, hydraulic manifold, Moog sro-
valve, and position feedback potentiometer. The hydraulic actuators used
were the original spoiler system components. Extensive performance tests of
the assembly were rerformed in the laboratory on an operational mockup and
with the actuator installed on the test vehicle.

The performance of the actuator at panel number 1 is considered
representative of the LAM spoiler system. Figure 78 shows the closed loop
frequency response of the actuator installed on the aircraft. Figure 79
shows the LAM spoiler actuator ram position in response to a one degree
step input signal and Figure 80 shows that the unit has virtually zero hys-
teresis.

5.2.3 Spoiler Actuator (Integrat'd Spoiler Servo Valve)

The integrated spoiler servo valves were mrouactured by the
Cadillac Gage Company to Boeing specifications. As in the case of the aile-
ron actuators, the vendor accomplished the required flight-worthiness test-
ing. Te test specnen completed all required testing satisfactorily without
major incident.

In addition to the acceptance tests accomplished by the vendor,
limited performance tests were also accomplished. Figure 81 is representa-
tive of the open loop frequency response of the auxiliary actuator. It is
important to note that when the system concept was revised (that is using
only the two outboard spoiler panels for LAMS-FCS signals), the requirement
for high frequency response from the integrated spoiler valves was relaxed.
These servo valves were required to accept only fly-by-wire pilot commands

and airbrake commands.

5.2.4 Rudder Actuator

The rudder actuator was manufactured by Weston Hydraulics to Boeing
specification. Since t is unit, with the exception of iainor mechanical
details, was mechanically and functionally identical to previously flight
qualified units, duplication of flight worthiness testing was not required.
The unit was subjected to acceptance ests by the vendor and comprehensive
performance testing after installs ";ri the aircraft.

Figure 82 is typical of tn, ied loop frequency response of the
unit. The gain of the actuator was n Lthin desired limits at frequencies
above 3 cps and phase at frequencies abuve 10 cps. The gain outside the
required envelope at frequencies over 3 cps was due to both channels of the
servo actuator being used during flight operation. Combined dynamic effects
of the servo actuators and demodulators resulted in more actuator authority
than was initially required at frequencies over 1 cps. Figure 82 shows that
the natural frequency of the system was approximately 15 cps rather than
20 cps predicted. This i.as due to a lower stiffness than predicted at the
actuator attach point and a lower than predicted hydraulic oil bulk modulus.
The SAS rudder controls elastic modcs below 1 cps and response is attenuated
electrically at higher frequencies. Therefore, system performance was not
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affected by the higher bandwidth and performance ioroved adequate for the
LEAM program.

Figure 83 shows response of the surface to a one degree electrical
step input and Figure 84 that the unit has approximately .125 degrees of
hysteresis for small inputs. The data for the preceding figures were record-
ed with the actuator installed in the aircraft at the conclusion of the
flight program. V

5.2.5 Elevator Actuator

The elevator actuators were manufactured by Weston Hydraulics to
Boeing specification. As was the case of the rudder actuator, the units
were essentially identical to previously qualified flight units.

Figure 85 shows the closed loop frequency response of the elevator
actuator while installed in the aircraft. Gain and phase for the elevator
actuator were within design limits over its operating range. Figure 86
shows the response of the surface to a one degree electrical step input and
Figure 87 shows that actuator has less than .10 degrees of hysteresis forsmall inputs.

5._ Hydraulic Power System Performance

An analysis of the existing hydraulic power systems revealed that
available power of each hydraulic system would have to be increased for peak
demands and that two new systems would be required in the aft body of the
aircraft to provide power to the new powered actuation systems.

5.3.1 Roll Axis Hydraulic Power Systems

Hydraulic power for actuating the spoilers and ailerons is provided
by six separate, existing hydraulic systems. The primary source of power
for each system is an engine driven pump. Increasing flow in these systems
was accomplished by replacing the existing stand-by pumps with larger
auxiliary motor-pump assemblies.

The spoiler system motor-pumps are "off the shelf" assemblies from
the ABEX Company. Each pump has a 3.8 GPM flow rating and is the rotating
cylinder barrel and piston type, driven through a pivoting hanger with an
inclined camface. The pump is driven by a Westinghouse (7.5 H.P.), 400 cps
electric motor rotating at 12,000 RPM. The aileron system pump assemblies
were manufactured to a Boeing Specification by New York Airbrake Company.
Each pump has a 6 GPM flow rating and is a variable delivery, axial piston
type with integral pressure regulation and flow control. Pistons reciprocate
within a fixed block and fluid is discharged through individual check valves
with pumping action being accomplished by a "wobble plate". A General
Electric (12 H.P.) 400 cps electric motor rotating at 7750 RMP provides pump
power.

5.3.2 Rudder-Elevator Hydraulic Power System

Hydraulic power for actuating the rudder-elevator system is provided
by a dual hydraulic system. Each system provides half the power to operate
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each of the actuators in the rudder-elevator system.

The punp assemblies are manufactured to a Boeing Specification by
The New York Airbrake Company. Each pump has a 6 GPM flow rating and is
variable delivery axial piston type with integral pressure regulation and
flow control. Pistons reciprocate within a fixed block and fluid is dis-
charged through individual check valves. Piston pumping action is accom-
plished by 9 "wobble plate". A General Electric (12 H.P.) 400 cps electric
motor rotating at 7750 RMP nominal provides pump power.

Each system has a self pressurizing, air-less reservoir and an
integral manifold containing filters, relief valves, pressure switches, and
attach ports.

A standby source of hydraulic power is provided by a hydraulic
motor driven pump (transformer). The transformer assemblies are manufac-
tured by the ABEX Company to a Boeing Specification. Each pump has a 2 GPM
flow rating and consists of a hydraulic motor mechanically driving a hydrau-
lic pump. The motor and pump are of the same type, a rotating cylinder
barrel and piston, driven through a pivoting hanger with an inclined caxface.
The hydraulic motor receives power from the R.H. body-aileron system and
mechanically transmits this energy to one empennage system. Transformer
power is transmitted only if low presslire is sensed in the empennage system,
either through system failure or transient peak demands from the elevator-
rudder system.

5.3.3 LANS Hydraulic Power System Testing

New components of the modified hydraulic systems received and
passed the flight-worthiness qualificatior. tests outlined in the Boeing
Specifications. In the case of "off the shelf hardware", existing qualifi-
cation data was reviewed and acceptance was granted through test data
similarity to the B-52 requirements.

All hydraulic components successfully passed acceptance tests prior
to installation on the aircraft. Each hydraulic system was ground tested and
satisfactorily fulfilled the requirements.

Instrumentation was installed at selected points in the modified
and new hydraulic systems to sense pressure, temperature, and flow. The
system performed satisfactorily duling the flight test program.

5i.4 Evaluation Pilot Feel System

The evaluation pilot controls (the left seat of the LAMS test

vehicle) are not connected to the normal aircraft control cable and feel

system, but are connected to springs for centering and force gradient.
Position potentimeters provide electrical indication of the position of the
controls to command the aircraft through fly-by-wire means.

The centering and force gradients of the controls in each axis were
adjusted to simulate the actual values of existing aircraft cable control
systems at the test flight condition. Figures 85, 86, and 87 reflect the

test vehicles gradients and the force adjustment envelope available on the
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test vehicle. The inherent cable system friction was not duplicated and
consequently an oscillation is apparent in the wheel and pedal movement
around center. The column was provided an eddy current damper which pro-
vides dynamic damping.

The dynamic cycling apparent on the wheel and rudder pedals would
cause a deterious effect on the test vehicle through electrical input sig-
nals to the wide band actuation systems. To prevent wheel and pedal induced
oscillations, first order electrical filters have been added to the roll and
yaw fly-by-wire signals on the analog computer which attenuate the signal
12 db at 6.3 cps.

5.5 Electrical Equipment

The electrical equipment includes the monitor system, analog com-
puters, and the function generator. The monitor system consists of the
safety monitor and data monitoring equipment, the indicators, oscilloscope,
oscillograph, and digital voltmeter.

5.5.1 Monitor System

The safesy monitor system presented no apparent problems during
ground testing; however, during the first flight the system was subjected
to numerous nuisance disengagements. These disengagements were attributed
to two factors: low signal limits on several structural acceleration
monitors, and high frequency electrical transients. Subsequently, gain
changes were made in the structural acceleration monitor modules and a first
order low pass filter was added to all safety monitor modules to reduce
nuisance disengagements.

Seven special indicators were installed at the pilot station. The
column and rudder pedal force indicators and aileron and rudder position
indicators operated satisfactorily. The indicators initially chosen for
elevator position, normal acceleration at the aircraft c.g., and sideslip
were so heavily damped that they proved unsatisfactory in flight and were

replaced by instruments with less damping.

The aft fuselage electronics rack temperature indicator was cali-
brated to 1200 F and for certain transient speed conditions this temperature

was exceeded during an early flight. Since the equipment can operate at
temperatures in excess of J.20 0 F for short periods of time without damage, two
additional temperature sensors which actuate warning lights at the flight
engineers station were installed. These temperature switches were set at
150OF and were located on the upper and lower corners of the electronics rack.
The 150OF temperature level provided the required indication to identify an
electronic rack overheat condition.

Three items of equipment for inflight and ground checkout data
monitoring were provided for the flight engineer: a two channel oscillo-
scipe, the computer digital voltmeter with selecbable signal inputs, and the
"quick look" oscillograpb. The dual trace oscilloscope and digital voltmeter
signal selection and readout capability provided on-line data to evaluate the
control system status. All signals available at the interpatch panel were
accessible for display on the oscilloscope and/or digital voltmeter thro.10b
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the switching panel provided. The oscillograph had an adequate signal selec-
tion since 73 combinations of signals were available using the switch panel.
However, the signal gain scaling restricted usefulness of the oscillograph.
Only two gain scaling switch selections were available; 10 volts/inch and
5 volts/inch.

5.5.2 Analog Computers

One of the EAT TR-48 analog computers was vibration tested t the
EAI testing laboratory to verify that the computer would perform satizfac-
torily in the B-52 environment. The ccaputer was mounted in an isolation
frame and sinusoidally vibrated at frequencies of 5 cps to 13 cps at 0.20
inch peak to peak and at 0.5 g's from 13 cps to 300 cps. A 15 minute fre-
quency sweep through the frequency envelope was accomplished in each of the
three comvuter axes. As resonant frequencies occurred, these frequencies
were held-so that affected computer components could be located and observed

to verify that no damage would result. Foam material and padding were
installed as required to reduce component acoustic excitation. During the
entire test the computer was operating. A program was "patched" on the
computer so that operation of all modules could be observed. The computer
operated satisfactorily during vibration and no major discrepancies were
noted.

cp Durin the flight test no major problems occurred in the computer
component modules. However, several unpotted computer potentiometer wires
located othe ccomputer right door panel failed during the flight test pro-
gram. These broken wires were easily detccted and repaired as required. No
simple method of support was found to prevent such failures.

5.5.3 Function Generator

The function generator supplies sine, ramp, triangular, and square
wave output signals over a range of 0.005 cps to one megacycle and allows
selection of -2, 1, 2, 31, 4 ., cycles or free run operation. Figure ? showsLi a cycle and a 1 cycle sine wave function generator output. The cycle
sine wave output signal exhibited a peak overshoot of 32 percent at signal
cutoff due to low voltage diode characteristics. The short time duration
prevented the overshoot from causing any problem in use.

5.6 Baseline SAS

The Baseline SAS was synthesized in accordance with the block
diagrams presented in Section 3.5 using the forward computer patch board at
the Flight Engineer's Station. The ground test functional checkout consisted
of applying a simulated rate gyro signal into each SAS channel (pitch, roll
and yaw). The sinusoidal rate gyro output was simulated by a Weston, Boon-
shaft and "'uchs Transfer Function Analyzer and the system output response
(control surface position) was fed back to the analyzer for gain md phase
measurements.

The functional test was run for all three flight conditions. Since
electrical filtering does not change and only a gain change occurs betweenU flight conditions. data for flight condition to (the mximm g4coi to

4! is shown and is typical of all conditions.
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5.6.1 Longitudinal Axis

The longitudinal axis was tested simulating the pitch rate gyro
response at B.S. 820. The results of the elevator deflection response with
respect to the pitch rate signal are presented on Figure 92, and show good
agreement with the theoretical requirements in the frequency band below
3 cps. The gain disagreement above 3 cps is not significant because the
system response at these frequencies is well attenuated.

5.6.2 Lateral-Directional Axis

The lateral axis was tested simulating the roll rate gyro response
at B.S. 820. The results of the aileron position response with respect to
the roll rate signal are presented on Figure 93, and show good agreement at
frequencies below 3 cps. The disagreement between experiment and theory is
not significant above 3 cps because the system response amplitude is well
attenuated for higher frequencies.

The directional axis was tested simulating the yaw rate gyro
response at B.S. 616. The results of the rudder deflection response with
respect to the yaw rate signal are presented on Figure 94, and show excellent
agreement with the theoretical requirement throughout the frequency spectrum
tested.

5.7 LAMVS-FCS Hardware

5.7.1 LAMS Computer Performance

To check the functional performance of the LAMS-FCS computer, end-
to-end frequency responses for the 13 independent signal paths were run.
Since the functional testing of the LAMS computer wab performed before the
equipment was installed in the aircraft the resulting frequency responses
do not include the actuator or control surface dynamics. A sinusoidal rate
gyro output was simulated by a Weston, Boonshaft and Fuchs Transfer Function
Analyzer and the output of the computer (command signal to servo amplifier)
was fed back into the analyzer for gain and phase neasurement.

The functional test was run for all three flight conditions. How-
ever, since electrical filtering is constant and only gain changes from one
flight condition to another, data for only one flight condition is presented
and is typical of all.

Figures 95 through 107, show the results of this functional testing.
The theoretical values are shown plotted in a solid line and the test values
as points. The WAIS computer design specification states that all gains shall
be within ± IV percent of nominal and all phases within t 'f degrees of nominal
except where specified otherwise. These exceptions are at the various channel
notch frequencies in the system. The tests were within all stated specifi-
cations.

5.7.2 Longitudinal Axis

Locations of the four rate gyros used in the pitch axis are shown
in . .i.r. 13. here two rol rate g&yros, one located. in each wing. These
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two gyro signals were gain adjusted and summed into a single signal. However,
three independent channels were evaluated since this single gyro signal is
routed to the elevators, ailerons, and spoilers, operating symmetrically.
The forward and aft body rate gyro signals also go to all three control sur-
faces requiring three independent channels to be evaluated for each gyro.
The evaluation pilot column to elevator channel has a first order roll off
to filter high frequency inputs and is tested as a separate channel. Fig-
ures 95 through 104 present the functional test results for the pitch axis
channels.

5.7.3 Lateral-Directional Axis

The six yaw and roll rate gyro locations for the lateral-directioal
ais are shown in Figure 13. The yeaw axis has one channel from the yaw rate
gyro located at B.S. 695 to the rudder. The results of the yaw sxis testing
are plotted in Figure 102. The roll axis has two roll rate gyros, one near
the c.g. and onein the aft body, and three yaw rate gyros, one in the for.-
ward fuselage and two in the aft fuselage. The five roll axis rate Qro
signals are gain adjusted and summed into a single channel to drive the
ailerons antisymmetrically. An evaluation pilot wheel to aileron signal is
filtered similar to the evaluation pilot column signal and is tested as a
separate channel. The roll axis results are shown in Figures L03 and iN4.

5.8 System Checkout

When the aircraft modification was complete and the aircraft waa
ready for flight, extensive functional testing was performed to assure the
proper operation of the electrical anc hydraulic equipment. Additional,
between flight testing was accomplished to insure that any random or flight
produced system deteriation or failures would be discovered and repaired
before subsequent flights. Two system checkouts were perfomed before each
flight. Preflight checkouts were accomplished the day before ea--h flight
and thoroughly che~ked the LANS equipnent. Prior to flight checkout was done
immediately prior to take-off and rechecked all system components on an end-
to-end basis. A detailed procedure for preflight and prior to flight check-
out is documented in Reference 3.

In preflight checkout the LANS suitcase tester was used for checking
the LAMS-FCS. The tester made it possible to monitor output signals frm the
LAM computer and mcul intermediate signals in each channel and to check and
adjust power supplies. Loop isolation switches provided isolation of each
channel for trouble shooting. Data from the preflight checkouts was record-
ed for each flight.

5.8.1l Preflight Checkout

Several interpatch boards and analog computer boards were aboard
the aircraft. Therefore, each board was numbered and a check made to insure
that the proper boards were installed for flight and/or ground testing. The
procedure followed to accomplish the preflight checks is presented in tbe
following paragraphs.

The interface electronics modules located above tb analog computer
and in the aft fuselage were inspected to insure proper installation.
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The power supl]les were monitored on the analog computer DVM. The
power supplies were required to be within 1 to 2 percent,

The function generator was checked for waveform, number of cycles,
amplitude, and frequency, using the oscilloscope. Wiring continuity from
the function generator to each control surface auxiliary actuator was
verified.

The two azalog cmputers are slaved together and either computer can
be used as the master unit at the discretion of the flight engineer. The
slave mode for each computer was checked.

The safety monitor comparators and lights were checked. This was
accomplished by engaging a switch which puts a large voltage on each com-
parator and trips the disengage switch causing all the safety monitor lights
to illuminate.

G-limits for normal acceleration at the aircraft c.g. can be set by
a switch on the aisle stand between the pilots and is part of the safety
monitor. G-limit values were checked and system disengagement, when G-limits
were exceeded, was verified. All other accelerometers, which are part of the~safety monitor, were torqued to verify that the safety monitor disengaged the

system at proper acceleration limits. Nulls fcr these accelerometers were
checked and accelerometer signals were renulled as required.

Rate gyro motor speeds were checked for all rate gyros used in the
Baseline SAS and LANS-FCS. Null outputs from these rate gyros were checked
and the signals were renulled as required.

Monitor pilot controls were checked by verifying that all control
surfaces were in a neutral position when the monitor pilot controls were in
a neutral position and that full surface deflection was attained for full
monitor pilot control inputs in each axis. Evaluation pilot signals were
nulled and the control surface nulls were checked with the fly-by-wire
system engaged. Evaluation pilot input to control surface output gains were
checked in each axis.

The Baseline SAS and LANS-FCS were checked by obtaining a frequency
response at four frequencies for the Baseline SAS and for the rudder and
elevator channels of the LANS-FCS. Five frequencies were sampled for the
LAM-FCS aileron and spoiler channels. These channels are th. seme as those
described in the functional test of the IAM-FCS in Section 5.7 except that
frequency responses were not run for the evaluation pilot controls.

In addition, each rate gyro is torqued to provide step input
responses for each axis of the Baseline SAS and each channel of the LAM-FCS.

This provides an additional check on system phasing and SAS circuit wiring
continuity as well as checking the rate gyro torquing circuits. Proper
operation of the torquing circuits was verified because they are required
during the prior to flight checkout and as aids in "trouble shooting", if
problems should occur during flight.
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5,8.2 Prior to Flight Checkout

The prior to flight checkout is acccmplished shortly before take-off
and is done with the aircraft engines running and the crew on board.

A check is made to insure that the proper interpatch panel board and
analog computer boards are installed and that all the LAWV system switches at
the pilot station and flight engineer station are positioned properly. Power
supplies are checked to insure that all are within operating tolerance.

The interlock system is checked to assure that all system status

lights and switches operate properly. The safety monitor system comparators
and indicator lights are checked to verify that any exceeded limit will cause
the system to disengage.

The evaluation pilot controls are checked to insure that all control
surfaces move in the right direction and that the evaluation pilot has full
authority for all control surfaces. The monitor pilot controls are checked
during the handbook prior-to-flight checkouts.

The Baseline SAS and the LAMS-FCS configurations are checked by
torquing each gyro and verifying that each control surface moves in the pro-
per direction.
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6.o CO0NCLUS IONS

The conclusions are presented in two parts. The first part refers

to the total iAMS program effort as documefted in four volumes. The second
part deals with the conclusions obtainee from the ground and flight test

demonstration analysis presented in the foregoing material.

6.1 Conclusions, LAMS Program

Contemporary analysis and synthesis techniques were successfully
applied in the Load Alleviation and Mode Stabilization (LAMS) program to a

B-52 test vehicle. Using these techniques, an operable flight control
system (FCS) was defined and produced in hardware. The LPM-FCS successfully
controlled selected structural modes and alleviated gust loads due to tur-
bulence during flight demonstration.

Similar techniques were analytically applied to a low altJ4-ide and

high speed flight condition for the C-5A aircraft. Significant reductions
in fatigue damage rates and fuselage accelerations were predicted.

6.2 Conclusions, LAMS B-52 Flight Demonstration

6.2.j. Aircraft Configuration

Modifications to NB-52E, AF56-632, provided an 'lequate test veh-
icle for demonstrating the LAM system concepts.

6.2.2 LAMS Flight Control System (FCS)

The LAMS-FCS was adequate to demonstrate the LANS concept functions.
Hardware flexibility was included in design of the flight control which per-
mitted minor modifications required in flight demonstration.

6.2.3 System Ground Test Evaluations

The system ground testing accomplished during this program confirm-
ed the theoretical design analyses and provided basis for proceeding into
the flight phase of the program.

6.2.4 Flight Demonstration

6.2.4.1 Stability

The LAMS test vehicle with powered controls with or without the
Baseline SAS has an adequate flutter boundary. The aircraft with the
LAMS-FCS has an adequate flutter boundary at design conditions.

6.2.4.2 Airframe Response Testing

A method of introducing repeatable sinewave and step function
transients into the control surfaces at selected frequencies and amplitudes
was used in confirming functional operation of the control systems. Data
derived from transient testing was rec , red to defineM ope n c losed loop

responses of the aircraft and system.
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6.2.4.3 Performance

The control surface authority and effectiveness data obtained during
the test agreed well with the predicted analytical values.

Handling qualities performance was retained while improving struc-
tural performance.

Repeatable test results were obtained using statistical data reduc-
tio, methods to evaluate the control system performance during flight through
a turbulence environment. The LAM-FCS provided reductions in stress and
fatigue damage rates equal to or greater than that predicted by the analyses.
Also, the ride qualities with the LAM engaged was as predicted by the anal-
yses.

The LAM-FCS, one of a family of controllers that could be proposed
meets the design and performance criteria.
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The Load Alleviation and Mode Stabilization (LAMS) program was conducted to demon-

strate the capabilities of an advanced flight control system to allevinte gust loads
and control structural modes on a large flexible aircraft using existing aerodynamic
control surfaces as force producers.

The analysis, design, and flight demonstration of the flight control system was
directed toward three discrete flight conditions contained in a hypothetical missior
profile of a B-52E aircraft. The FCS was designed to alleviate structural loads
while flying through random atmospheric turbulence.

The B-52 LAMS-FCS was produced as hardware and installed on B-529, AF56-612. The
test vehicle modification included the addition of hydraulically powered roi trols.
a fly-by-wire (FEW) pilot station, associated electronics and analog Lomputers at
the bombardier-navigator station, instrumentation for system evaluation, and the
LAS flight controller.

A flight demonstration of the B-52 LAHS-FCS was conducted to provide a comparison
of experimental to analytical data. The results obtained during the LAMS program
shoved that the LAMS-FCS provided significant reduction in fatigue damage rates
similar to that predicted.

In addition to the above, a LAMS C-5A study was Included in the program. This
portion of the program was to analytically demonstrate that the technology developed
for the B-52 would be applied to another aircraft. The C-5A study wan conducted for

reductions in fatigue damage ratca 3nd fuselage accelerations.
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